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Symbols

The computer symbols used in the text, tables, and figures are defined in appendixes A and B.

A candidate surface weighting factor
As equivalent area due to lift
b’

AR aspect rat|o§
b span _
Ca axial- or chord-force coefficien’fcb,%g)rce
Co drag coefficientPc;—gg
ACpH drag coefficient due to lifiCH — Cp o
Cpho drag coefficient att = 0° for configuration with symmetry about wing reference plane
C. lift coefficient, qu_f_;
CL des design lift coefficient
CLopt optimum lift coefficient, lift coefficient corresponding to maximum value of suction

parameter
C. theoretical lift-curve slope at = 0°, per deg

a

G rolling-moment coefficient about lateral center of gravity for nonsymmetrical wings,

Rolling moment

gqSh2
Cn pitching-moment coefficienl;:,>ItChIng moment
gSc
Cindes design pitching-moment coefficient
.. _Normal force
C normal-force coefficient————
N qS
. p=P

Co pressure coefﬁuentT
AC, lifting pressure coefficient
Coec pressure coefficient on cambered wingiat 0°
(Cp,0¢ component o€, . due to pure camber loading (contribution with no leading-edge

singularity)
(Cp,0 component of5, . due to flat wing loading (contribution with leading-edge singularity)
Co f pressure coefficient on flat wing at= 1°
Cp,lim limiting pressure coefficient used in definition of attainable thrust
Coo pressure coefficient at specified initial point
Cpvac vacuum pressure coeﬂ‘icienfi,i2

yM

c local chord
c mean aerodynamic chord
Ca section axial-force coefficient
Cac component o€, due to basic pressure loading of camber surfage=dd® acting on camber

surface
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Ca,flc

(CN,c)c
(Cn,Of

€1, €, €3, €
F(X)

Fr (X)

components o, due to basic pressure loading of flat wingtat 1° acting on camber
surface

element chord at element midspan

streamwise chord for leading-edge design area
section pitching-moment coefficient

section normal-force coefficient

component oty due to basic pressure loading of camber surfage=a® acting on cam-
ber surface

component oty ¢ due to pure camber loading (contribution with no leading-edge
singularity)

component oy, . due to flat wing loading (contribution with leading-edge singularity)

component oty due to basic pressure loading of flat wingrat 1° acting on camber sur-
face

section resultant force coefficieqfci + cﬁ,

wing root chord, chord at=0

theoretical section thrust coefficient

attainable section thrust coefficient

theoretical section leading-edge thrust coefficient for flat wirtgatl®
streamwise chord for trailing-edge design area

exponent ok used in definition of candidate camber surfaces
exponent oy used in definition of candidate camber surfaces
exponents used in calculating attainable thrust

normal-force integration factor for pure camber contribution to basic cambered wing load-
ing ata = (° acting on camber surface

normal-force integration factor for basic pressure loading of flat wing=at® acting on

flat surface; normal-force integration factor for flat wing contribution to basic cambered
wing loading atr = (° acting on camber surface; axial-force integration factor for basic
pressure loading of flat wing aet= 1° acting on camber surface

rate of growth of lifting force per unit distance along equivalent body axis
location correction factor for code perturbation velocity
altitude

index of wing element longitudinal position within code grid system and index used in
identification of candidate surfaces

index of wing element lateral position within code grid system and index used in identifica-
tion of candidate surfaces

constant used in curve-fit equation

(CL ,des)opt,exp

design lift-coefficient factor;
(CL ,degoptyth

,max) exp

(’SS, max) th

C*
attainable thrust factor, fraction of theoretical thrust actually attaingyole,
t

suction parameter fact

arbitrary constant used in definition of pressure distribution
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ke, Ke
kn,1 Kn2

kVOI'

oo QoD

=

SST

TE

u, v, w
Au

(Auﬁ)o
(Auﬁ)o,c

constant used in attainable thrust curve-fit equation

constants used in curve fitting of code perturbation velocities and pressure coefficients for
integration purposes

constants used in hinge-line singularity correction
arrow wing notch ratio, see figure 40

constant used in candidate design surface definition
constant used in definition of vortex force distribution
constants used in definition of camber surface slope
leading edge

overall wing length

effective length of body of revolution representing distribution of equivalent area due to lift
as defined by area rule cutting planes

effective length of body of revolution representing distribution of volume as defined by
area rule cutting planes

Mach number

equivalent Mach number used in placavhfto account for values @, i, differing from
Cp,vac
normal Mach number, see figure 12

multiplying factor for tangent of leading-edge flap deflection angle
multiplying factor for tangent of trailing-edge flap deflection angle
free-stream static pressure

local static pressure

free-stream dynamic pressure

Reynolds number based on mean aerodynamic chord

linearized theory perturbation velocity influence function
leading-edge radius

leading-edge radius indew

2
. (t/c)
wing reference area

C tan(C /C  )-AC,
a

suction parameter >
C,  tan (CL/CLG) - C/(TAR)
supersonic transport

distance along section camber line

trailing edge

theoretical section leading-edge thrust

free-stream velocity

perturbation velocity irx, y, andz direction, respectively

longitudinal perturbation velocity difference across wing lifting surface as fraction of free-
stream velocity

limiting value of leading-edge thrust paramefer,/x  at wing leading edge

limiting value of leading-edge thrust parameier./x
wing ata = (°

at wing leading edge for cambered



(Auﬁ)o,f

Au,

Aug

\

XY,z

AX

DX, AXg, AX

Xeg

000, 2

Odes
A(Xft

)

limiting value of leading-edge thrust parameier,/x'
a=1°

value ofAu for cambered wing at = (°

value ofAu for flat wing ata = 1°

configuration total volume

Cartesian coordinates, positive aft, right, and up, respectively

longitudinal spacing of grid lines used in establishment of code wing grid system
longitudinal distances employed in influence functi®n

at wing leading edge for flat wing at

longitudinal center of gravity

distance from wing leading edge to flap hinge line

longitudinal moment center

distance inx direction measured from wing leading edge
distance inx direction measured from wing element leading edge

values ofx' at which camber surfa@ordinates are specified
lateral center of gravity

limiting value of singularity parametéicpﬁ €t=0
camber surface ordinatexy, X;, andx,,
angle of attack, deg

respectively

angle of attack corresponding to design lift coefficient, deg
range of angle of attack for full leading-edge thrust, deg
angle of attack for zero thrust, deg

angle of attack corresponding to zero lift, deg

2

O
0= M -1 (M >1)

2
EJ1-M (M<1)

ratio of specific heats, 1.4

incidence of canard reference plane with respect to wing reference plane, positive with
leading edge up, deg

incidence of horizontal-tail reference plane with respect to wing reference plane, positive
with leading edge up, deg

leading-edge flap deflection angle measured normal to hinge line, positive with leading
edge down (segmented flap deflection specified as inboard/outboard), deg

leading-edge flap streamwise deflection angle, positive with leading edge down (segmented
flap deflection specified as inboard/outboard), deg

trailing-edge flap deflection angle measured normal to hinge line, positive with leading
edge down (segmented flap deflection specified as inboard/outboard), deg

trailing-edge flap streamwise deflection angle, positive with leading edge down (segmented
flap deflection specified as inboard/outboard), deg

angle between line tangent to wing section camber surface and camber surface reference
plane, deg

value ofe at wing leading edge
location of section maximum thickness, fraction of chord

X



A sweep angle of wing constant percent chord line, deg

Nh e leading-edge flap hinge-line sweep angle, deg

Nnte trailing-edge flap hinge-line sweep angle, deg

Nie wing leading-edge sweep angle, deg

A angle between intersection of distant fore Mach cone with wing plane and wing longitudi-
nal axis, deg (see fig. 39)

Ans A AR Lagrange multipliers

i Mach angle, sifit (1M), deg

T section maximum thickness

(0] azimuth angle in frontal projection between line connecting field point with wing longitudi-
nal axis and wing plane, deg (see fig. 39)

Subscripts:

adj adjusted

av average

b aerodynamic characteristics due to basic pressure distributions alone (no thrust or vortex
forces)

C cambered wing

cor corrected

emp empirical

eval evaluated

exp experiment

f flat wing

le leading edge

max maximum

min minimum

n wing section normal to leading edge

opt optimum

pre previous

rep replacement

te trailing edge

th theoretical

tot total

vis viscous

vor vortex

w wave

Xi






Abstract

The computer codes, AERO2S and WINGDES, are now widely used for the anal-
ysis and design of airplane lifting surfaces under conditions that tend to induce flow
separation. These codes have undergone continued development to provide additional
capabilities since the introduction of the original versions over a decade ago. This
code development has been reported in a variety of publications (NASA technical
papers, NASA contractor reports, and society journals). Some modifications have not
been publicized at all. Users of these codes have suggested the desirability of combin-
ing in a single document the descriptions of the code development, an outline of the
features of each code, and suggestions for effective code usage. This report is
intended to supply that need.

1. Introduction additional capability to design mission adaptive camber

surfaces which restrict changes to designated areas of the

Th? computer codes, AERQZS and WINGDE.S’ are planform. The design code was later modified to provide
now widely used for the af‘?"ys's and des'gn of alrplanefor the design of leading- and trailing-edge flap deflec-
lifting surfaces under conditions that tend to induce flow tion schedules as described in appendix A of reference 3
separation and _degrade performance. The_se COd‘?_S ha e present code also has provision for the design of
undergp_ne cpntlnued_develop_ment to pro_\/l_de addltl_onal reflexed wing surfaces in the vicinity of engine nacelles
capabilities since the introduction of the original versions and for the handling of asymmetrical planforms. These
over ta dd(_ecade a_gct). TP'S g?det_devellc\)l%rgini hﬂs. b?e o modifications, as well as several others, were not
reporte NI,rA]\SaAvanety ? pu 'C? |onsd( ot ec n'C? previously documented. The design code is applicable to
papers, >A contractor reports, and Society journa S)'both subsonic and supersonic speeds and provides analy-
Some modifications have not been publicized at all.

Users of these codes have suggested the desirability r:issisoc\;\l: !L%Seg%ﬂg{]eg%%?\:lggzgp e present version of
combining in a single document the descriptions of the '

code development,. an outline Of.the features of eac.h A survey of research on W|ng design for reduction of
code, and suggestions for effective code usage. Thigjrag due to lift at supersonic speeds reported in refer-
report is intended to supply that need. ence 6 led to the development of an empirical correction
A method for estimation of attainable leading-edge t© account for real flow effects not covered by linearized
thrust introduced in reference 1 provides the fundamentafn€ory methods. This correction provides an adjustment
basis of a system applicable to partially attached—{© the design process so that the wing design may be
partially separated flow. The original computing code ©Ptimized with nonlinear penalties associated with
employing the attainable thrust numerical method which &xcessive camber surface severity taken into account.
was applicable to analysis of a single lifting surface with The empirical correction, now incorporated into the
twist and camber at subsonic speeds is described ifVINGDES code, results in a milder camber surface than
reference 2. A modification of the analysis method to Would otherwise be found. A second empirical correction
provide for the handling of simple hinged leading- and Provides a more realistic estimate of the achievable per-
trailing-edge flaps is described in reference 3. A further formance of the design. A further modification to the
modification to permit the analysis of a wing surface in @Pplication of the correction, introduced in the present
combination with a second lifting surface such as aPaper in section 7.10, now permits the additional benefit
canard or a horizontal tail is described in reference 4. ThePf reduced camber surface severity associated with an
present version of this code is designated “AERO2S.”  attainable thrust design to be included in the performance

. . ) . estimate.
The wing-design computer code described in refer-

ence 5 provides for the design of a wing mean camber  Reference 7 describes a recent revision of the attain-
surface (twist and camber in combination) to minimize able thrust prediction method used in both codes. The
drag for given design lift and moment conditions. The newer method that provides for a greater range of airfoil
design method defines an optimum combination of can-shapes from very sharp to very blunt leading edges is
didate surfaces rather than the more usual optimum combased on experimental data for a wider range of
bination of loadings. In the design process, attainableReynolds numbers than the previous method. Refer-
leading-edge thrust is taken into account to provide theences 8 and 9, in addition to references 2 to 7, give exam-
mildest possible camber surface which meets the desigrples of correlation of code results (both AERO2S and
requirements. The use of candidate surfaces provides alVINGDES) with experimental measurements and offer



advice on application of the codes to problems of parameters to identify and separate velocity distribution
interest. components with and without singularities. The first fea-

. . i . ture permits an easy code expansion to accommodate

This report is intended to provide an understanding ,ore wing elements for greater accuracy as computer

of code capabilities and guidance in effective application capabilities improve. The second feature permits more
to problems of practical interest but not a demonstrationaccurate determination of leading-edge thrust distribu-
of code validity. The many previously reported correla- ion for wings with twist and camber and provides

tions of code data with experimental results used t0jmnroved pressure distribution integration techniques.
validate the methods are reexamined only if they provide

information pertinent to future code usage. Readers
interested primarily in application of the codes will find
information describing code input and output data in The linearized theory solutions are obtained by an
appendix A for AERO2S and in appendix B for iterative solution of influence equations for an array of
WINGDES. Examples of code use given in sections 11wing elements representing the wing planform as
and 12 offer guidance in use of the codes for problems ofdepicted in figure 1. Only a right-hand wing panel is nec-
interest. Data used in these examples are given in table @ssary because of the lateral symmetry of the wing and
for AERO2S and in table Il for WINGDES and serve as all the flow propertiesOnly recently has the WINGDES
models for the preparation of code input. code been modified to permit solutions for asymmetric
] planforms. When that option is selected, the entire planform

The use of area rule concepts to provide a furtheris represented as a right-hand panel and the imposition of
understanding of design for drag minimization at super- symmetry is revokedn figure 1 only a small number of
sonic speeds is the final topic of this report. Mathemati- elements are shown for the purpose of illustration; in
cal relationships presented in appendix C describe theyractice several hundred to as many as 2000 elements
dependence of vortex drag, wave drag due to lift, andwould be employed. The elements are superimposed on a
wave drag due to volume on configuration geometric rectangular grid so that the inboard and outboard element
characteristics and establish minimum values for each ofygyndaries lie along unit values of the spanwise parame-
these drag components. The strategies for the estimatiofg, By and the midspan leading and trailing edges lie on
of drag minima outlined in appendix C have been incor- ynjt values of the chordwise parametéx. The scaling

2.1. Grid System and Lifting Surface Definition

porated into a computer code, CDMIN. of the wing from model or airplane dimensions to code
S _ dimensions is chosen to provide the desired number of
2. Basic Lifting Surface Solution elements in the spanwise direction. The distaceon-

) trols the chordwise spacing of the elements; it is selected
The primary component of both the WINGDES and |, specification of an element aspect ratio ELAR, which
the AERO2S codes is a modified linearized solution for is constant for all but the leading- and trailing-edge ele-

the forces and moments acting on twisted and cambereghonts Each element is assigned a number and a record is
lifting surfaces of arbitrary planform. Forces obtained by kept of the number assigned to the leading- and trailing-

integration of pressure distributions on the zero thicknessedge elements in each chordwise row. Thedj indices
I|ft|ng surfaces used in thege codgs do not mclude A(i(x/Ax) andj(By)) are used in determining the order of
leading-edge thrust contribution arising from the high g5ytion; elements are selected first according to advanc-
velocities and low pressures generated by a flow arounqng values of the indeixthen according to advancing val-

the leading edge from a stagnation point on the wing e of the index. The order of solution thus marches
lower surface- However, methods are available that pro- inboard to outboard and front to rear.

vide estimates of not only the theoretical leading-edge
thrust but also the amount of this force that can actually ~ As shown in figure 1(b), the wing representation for
be realized. A means of estimating attainable leading-supersonic speeds employs elements with unswept lead-
edge thrust and also the vortex force generated as a resuhg and trailing edges, a limitation made necessary by the
of leading-edge flow separation is included in the modi- peculiar nature of supersonic flow. For subsonic speeds,
fied linearized theory solution used in these codes.swept leading and trailing edges are acceptable and pro-
Among the unique features of the linearized theory vide a more accurate solution. For subsonic solutions,
methods used herein are (1) solutions obtained by pureelement corner points at the wing leading and trailing
iteration and (2) the use of leading-edge singularity edges are found by interpolation of the scaled input plan-
form definition. These points determine the leading-edge
lunder some circumstances (wings with symmetrical sections atsweep of the first element and the trailing-edge sweep of
negative angles of attack, for example), the stagnation point maythe last element in each chordwise row identified by the
occur on the upper surface. In either case, leading-edge thrust majndex j(By). Sweep angles for element leading and trail-
be developed. ing edges at a specified span location are found from

2



Sketch 2-1

simple geometry for a superimposed arrow wing plan-
form as indicated in sketch 2-1.

Camber surface ordinates at the lateral midpoint of a
given chordwise row of elements are found by linear
interpolation of input ordinates just inboard and outboard

of that location. The wing surface slopes are obtained by

a curve fit of the interpolated code input camber surface
coordinates. The curve-fit equation has the form

z= Zy+ k(X —Xg) + Ky(X —x'o)2

As shown in sketch 2-2, the interpolated input camber
surface ordinates are chosen so that one ordigate
or ahead of the element leading edge, one ordixiate
within the element, and one ordinatg is at or behind
the element trailing edge. With the constaatandk,

is ak

is

recalculation of surface slopes anywhere within the
element. The slope at the element three-quarter point
(the control point) is used in satisfying boundary
conditions. As discussed subsequently in sections 6
and 7, the codes repeat the basic linearized theory solu-
tion for two or more wing surfaces. One or more of these
wing surfaces has the slopes just described; the remain-
ing surface has a constant slope equal to the tangent of
o = 1° (dz/dx = -0.01745).

2.2. Subsonic Linearized Theory Solution

Each trapezoidal element used to represent the wing
for the subsonic solution is assumed to have an associ-
ated horseshoe vortex with a bound leg along the quarter-
chord and trailing legs extending to infinity along the
extensions of the inboard and outboard chords as shown
in sketch 2-3. At any point in the plane of the wing, the
downwash velocity created by the vortex is given by

w_ Bg
i 4T[R Au c,
where
Au longitudinal perturbation velocity difference

across wing surface
Ce element average chord
subsonic influence function

In terms of the geometry system used, the subsonic influ-
ence function is given as

chosen to pass the curve through these three points, they

can then be used in definition of the element surface
slope expressed as

dz _ .
a‘; - k1"'k2Xe
where x,, is the distance from element leading edge
and k; andk, are redefined to correspond to the new

origin. Stored values ok; and k, allow subsequent

|

4l

|
|.
ol
[ |

|<— Element —>|

Sketch 2-2

—1 | (ABy +0.5) — Axg tanA/B

e
Jdx)?+ Ay +0.57

AXC

(ABy—0.5) — Ax| tanA/f

J(AXL)2 +(ABy—0.5)

1 Ax
* ABy—-0.5 1+ 2 2
V=05 Jlax)? + (ay-0.5)
1 Axg
- 1+ 1)
ABy+0.5 J(AXR)Z + (APy—0.5)2

The three terms in equation (1) represent, respectively,
the bound leg, the left trailing leg, and the right trailing
leg. The geometric quantities represented in the equation
are illustrated in sketch 2-4. The sign convention is such
that theAx quantities in the sketch are positive. The sign
convention for theAx quantities in equation (1) and

3



the influence of each element is dependent on the
C strength of its vortex and is not subject to distortions
caused by geometric coincidences. The depiction of the
influence factor in figure 2 shows clearly the relative
advantage of high wing aspect ratios. A second element
just to the left or right of the influencing element can,
because of its upwash field, generate a given amount of
C lift at a smaller angle of attack than would an isolated
L, ‘,‘ Ce |l element. The smaller angle of attack of course results in a
4 smaller drag for a given lift. On the other hand, a second
element directly behind the first would, because of the
downwash field, require a large angle of attack to gener-
Sketch 2-3 ate the same lift, and a higher drag would result. The rel-
atively small effect of the lifting element at locations
ahead of the element explains the applicability of the iter-
ative solution.

Vortex point

Influencing
element | Ax

T }// The downwash at any point in the plane of the wing

—-—-|l— —-— induced by the complete wing may be found by a sum-

mation of the contributions of all the individual elements.
ABy A ! AXR At the control point of a field element at which the
boundary condition of no flow through the element is to

be met, the downwash velocity is given as

| Field
/u Axc point DNd] B U D ﬁ R
oo = R Au * i Z RAuc,
Sketch 2-4 - ] ]
where the quantities with starS X refer to the field ele-

ment and the summation includes all elements but the
sketch 2-4 is the reverse of that given in reference 2 sdield element itself.

that distances behind an influencing element may be rep-
resented as positive quantities. In addition, the sign of the
influence functionR has been changed so that the func- ow _ dzy
tion has the same sign as the induced velocities. U0 ~ Cax0

The boundary condition is met when

A graphical representation of the subsonic influence or
function R for an unswept element is given in figure 2.
The vertical velocities generated by a given element are A = bz 1 R )
directly related to this function. Behind the bound leg B R’ Dwxm I?ch €
and between the two trailing legs, only downwash is gen-
erated. Ahead of the bound leg and outside the trailingThe perturbation velocities are converted into pressure
legs, only upwash is generated. The singularities whichcoefficients in accordance with the linearized theory
arise at the bound and trailing legs are shown only in partassumption
because values @@  are truncated for locations closer to
the lines than one tenth the element span. These singular- ACS = 2 AU”
ities dictate the need for a precisely defined grid and ele-
ment system to represent a lifting surface. Clearly an Before the solution by iteration is begun, perturba-
unstructured random array of elements could lead totion velocities for all elements are set to zero. Then, each
coincidence of singularities with control points and result element in turn is considered as a field element, and a
in an unacceptable infinite local velocity. Even a near perturbation velocity for that element satisfying the
coincidence could result in unstable solutions. The grid boundary condition is found. This new velocity replaces
system chosen places element inboard and outboardhe old one in the velocity table, and the calculation pro-
boundaries on streamwise lines with equal lateral spacceeds to the next element. As described in section 2.1,
ing. The element control point location at the midspan of the order of solution proceeds from inboard to outboard
the element and at three quarters of the element chorat the front of the wing and repeats this inboard to out-
provides a structured array of the vortex system so thatboard sweep at successive rearward positions. As a
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means of verifying the solution convergence, the abso-spacing only the first element result is in error. For a
lute value of the velocity differences between successivesmaller first chord as shown at the right, code results for
iterations is calculated for each element, and an averagéhe first two elements (but only the first two elements)
value of this difference for the whole wing is found. The behind the leading edge were found to be in error.

iteration process is discontinued when the average differ- .
ence for two successive iterations is less than one half of  When other first element chords were employed,

1 percent (0.005) of the average pressure loading of thd€Sults such as those shown in the upper plot of figure 4
fIa?surface( at :)10_ gep g were obtained. The well-behaved nature of the errors

suggested that a correction could easily be made. The

As a means of reducing computational time, only correction is made to location, rather than to the velocity
elements relatively close to the field point are considereditself, because a shift in location will correct flat wing
in the first iteration. As the iteration process proceedsdata but will not introduce appreciable errors in data for
and the convergence criteria are approached, the regiogurfaces with pure camber loadings. As shown in
of influence considered is expanded. The influence sketch 2-5, if the locatiox'/Ax is multiplied by a cor-
region is related to the convergence criteria in such a wayrection factorf, the singularity parameter now expressed
to ensure that, at least for the last two iterations, theas Au./f(x/Ax) will follow the dashed-line curve.
whole wing is included. An element is excluded from the Thus, it is a simple matter to find a newvlocation,

summation ifABy is greater than defined by the factof, which will produce agreement
with the exact linearized theory. The required factor for
4+ 2./0.005( CNVGP) [(JBYMAX) -2] each of the code data points is shown in the middle plot

of figure 4. Also shown is a curve fit to the correction

or Ax_ or Axg (whichever is less) is greater than factor data defined by

2 Ax + .,/0.005{ CNVGP) [(XMAX )(SCALE) —2Ax]

f =140 361.25—x’/Ax
where CNVGP is the value of the average difference ' X' AX
ratio for the previous iteration. X ,
5 +0.18 sin==Tt X <050
ecause of the element system used to represent the AX CAx a
wing, it was known at the outset that there would be
errors in the numerical solution in the region of the wing and
leading edge. These errors were anticipated to be system-
atic in nature and thus predictable so that corrections ¢ _ 1, g 36L:25=X/AX
could be made. To study the numerical solution errors, ’ X'[AX
the coded solution was modified slightly to permit a o '
solution for a two-dimensional wing. Typical code +0.18 sin}—'g%—g-—/—A—)—(n %>0.5B

results for a flat (uncambered) two-dimensional wing at
o = 1° are shown in figure 3. Velocity distributions are
shown for uniform chord elements at the left of the figure ., velocity is defined by the factbis shown in the bot-
and for a smaller chord first element at the right. The '
. . g tom plot of figure 4.

code results are compared with the exact linearized the-
ory solution which is The simple correction derived from the two-

dimensional results was found to be equally valid in three

The singularity parameter obtained when the location of

Au =20 [S-1
X
or -7
\/'/‘ Corrected
AUJX:ZG 1-X X I
¢ ¢ Au f& ,¥ Original

with a in radians. The plot of the singularity parameter )
Au./X'/Ax allows a more critical comparison of numeri- /
cal results with the exact linearized theory. The numeri- -
cal result velocities are assumed to act at the element ' " '
guarter-chord because the center of pressure for the criti- f&
cal leading-edge elements tends to occur at this point. As
shown at the left of the figure, with uniform chord Sketch 2-5



dimensions. Typical code results for constant-chord bound leg and between the two trailing legs. The upwash
wings (right-hand panel only) of various sweep angles atgenerated outside the trailing legs, however, is confined
M = 0.01 are shown in figure 5. The singularity parame- to a region behind Mach lines from the bound leg corner
ter is shown as a function of chordwise position for a points. The aerodynamic advantage of high aspect ratio,
midspan section. No erratic behavior of the first two ele- clearly shown for subsonic speeds, applies to supersonic
ments is seen. Results for other sweep angles betWween Gpeeds only if additional outboard elements are arranged
and 80 at other Mach numbers up to 0.8 were similar.  to lie behind the Mach line.

The iterative solution converged quite rapidly to a The downwash at any point in the plane of the wing
reasonable approximation of fully converged results asinduced by the complete wing may be found by a sum-
estimated by extrapolation and as given by vortex latticemation of the contributions of all the individual elements.
methods using matrix inversion. However, when strin- At the control point of a field element where the bound-
gent convergence criteria are applied, as required toary condition of no flow through the element is to be met,
obtain accurate leading-edge singularity information, the downwash velocity is given as
many iterations may be necessary. An example for a
constant-chord wing with\, = 4C (right-hand panel o _ dzy @)
only) is given in figure 6. The first and second iterations wob  Laxt
give the general character of the solution. More than
four iterations are required before sufficiently accurate Of
leading-edge perturbation velocities are provided. The
code convergence criteria previously discussed are met Au” = 2 EP_Zﬁ] 1 Z RAUC (5)
after the tenth iteration in this example. For more com- B LaxU R Cg €
plex planforms and for severely cambered wings, more
iterations are required. For some of the examples showrand in accordance with linearized theory assumptions
later, up to 70 iterations were required. ACS =2Au".

The strong influence along Mach lines dictates a
more rigid element geometry than does the subsonic

Each rectangular element used to represent the wingsolution. Trapezoidal elements used in the subsonic solu-
for the supersonic solution is assumed to have an assoction could result in coincidence of the Mach line with an
ated horseshoe vortex system with the same geometry aslement control point; this coincidence gives erratic
the subsonic solution except that the bound leg isresults. Even a near coincidence could result in large
unswept. The vortex strength, however, is different. At local velocities and unstable solutions. The rectangular
any point in the plane of the wing, the downwash veloc- elements employed in the supersonic solution ensure that

2.3. Supersonic Linearized Theory Solution

ity created by the vortex is given by such a coincidence cannot happen. The Mach line fol-
lows a path that places it no closer to the control point of
w_ ﬁﬁ Au ¢ any element than a longitudinal distance equal to one
U 2n € half the nominal element chofik; this is true even for
where leading- and trailing-edge elements. The longitudinal
separation distances are based on the grid space occupied
Au longitudinal perturbation velocity difference by the element and are unaffected by changes in the ele-
across wing surface ment chord g
Ce element average chord For a supersonic solution, the iteration procedure
R supersonic influence factor employed for subsonic flow is not required. Because of

the limited regions of influence, a single pass is suffi-

cient. The solution proceeds from inboard to outboard of
5 5 5 5 successive rearward positions as does the subsonic solu-

JAXC —(ABy-0.5) JAXC +(ABy +0.5) tion but is terminated when the last element on the wing

Ax-(ABy—0.5) Ax(ABy + 0.5) (3) is reached.

The enforced simplicity of the supersonic solution,
however, brings with it a disadvantage not encountered
in the subsonic solution. There is a strong tendency

A graphical representation of the supersonic influ- toward longitudinal oscillations in perturbation veloci-
ence factorR is given in figure 7. As with the subsonic ties. The oscillations are subdued in part by an aft-
distribution, only downwash is generated behind the element sensing technique described in reference 10. The

In terms of the geometry system usBd, is given as

R =

The quantity AXc is again defined as shown in
sketch 2-4. For an unswept bound |Ags = AXg = AX, .
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aft-element sensing technigue involves the determination y "
of preliminary Au” results for a given field element l_>

and for the element immediately following combined ]

with a subsequent fairing or smoothing of these prelimi-
nary results. The fairing is applied to the velocity poten- tan A,
tial (i.e., the integral of the velocity) rather than to the "‘ ,( B
velocity itself because of the noticeable better behavior

of the velocity potential in regard to the absence of : e '~. % e
discontinuities. The procedure which is described in AU/Z . .

Y Pe
[ ]

detail in reference 10 is not repeated here.

Generally, the numerical method employing aft- Y 4
element sensing gives rather smooth distributions of the
lifting pressure coefficient as evidenced by the numerous
comparisons of numerical method results with exact lin- Sketch 2-6
earized theory given in reference 10. But for very highly
swept leading edges, a tendency is found for the forma-
tion of oscillations in flat wing pressure distributions. B tan A\ g +1
These oscillations center on the correct solution and thus
create no large problems in the determination of overall tan A
wing forces and moments. Nevertheless, to find a means B
of suppressing or smoothing these oscillations which for By 1
very highly swept wings can become large is desirable. 1 ]
An exploration of the causes of the oscillations and the 7|4|-/I I ] - I
development of supplementary smoothing strategy is /
described in the following paragraphs.

An example of extreme oscillations in lifting pres-
sure coefficient given by the basic supersonic analysis Sketch 2-7
system is shown in sketch 2-6. The data shown are for a
delta wing withAj, = 75 at a Mach number of 1.41
(B cotA = 0.27). The parametéu./x/y , derived from
theoretical distributions of pressure loadings on flat delta —
wings, permits inclusion of data for several adjacent
spanwise stations near the mid-semispan, and compen-
sates for thel/./x  decline in pressure aft of the leading-
edge singularity. This and similar plots for other sweep
angles and Mach numbers show a wavelength of the
oscillations which correlates well with the parameter
tan/A\ /B + 1. As shown in sketch 2-7, the code array of
the rectangular elements for two adjacent spanwise sta-
tions dictates such a pattern. Because of the rectangular
element structure and the nature of supersonic flow, any
influence of the outboard span station on the inboard sta- Sketch 2-8
tion is delayed to the chordwise position shown.

(0:Cp,0)

ool (2]

These considerations suggest a fairing which coverssum of the squares of the errors is selected. The process
a number of elements equal to the absolute value of thédegins withAu of the first element behind the leading
local parameter tafy /B + 1 and takes into account the edge. After application of the curve fit, the point immedi-
nature of supersonic pressure distributions. This fairingately behind the initial point is given a new value defined
can be accomplished by a least-squares curve fit of ondy the factoik of the selected form. Then the process is
of the pressure variation forms illustrated in sketch 2-8.repeated as often as necessary by advancing one element
Each curve passes through an ini(ig],C ), and the rearward and by using the just replaced value as a new
least-squares solution is used to determine the factor initial point. In the region of the trailing edge, when the
giving the best fit. In the code, a solution is found for remaining points are less than the defined number, new
each form, and the form giving the smallest value for the values are found for all points.



Sketch 2-9 shows thd&u distribution with and

without smoothing at the mid-semispan of the example %
75° delta wing atM = 1.41. Some irregularities remain,

but they are minor compared with the original large
oscillations.

®  Without smoothing
—— With smoothing
The two-step smoothing process for the supersonic Au
solution just described was not required for the subsonic
solution. However, errors in the subsonic solution in the
region of the wing leading edge were corrected as previ- o |
ously described by relocation of calculated velocities. A
comparable correction is also required in the region of
the wing leading edge for the supersonic solution. The Sketch 2-9
correction function covers only the first element behind
the leading edge instead of the first two. This correction ¢ f . ith ic leadi d
provides the original initial point for the previously (except for wings with supersonic leading edges),

. . .~7 . leading-edge singularities are present at all angles of
described supplementary smoothing process which Sattack other than zero. At positive angles of attack, the

tion velocity just behind the leading edge become infi-

Figure 8 shows the ratio dfu,gge t0 Auy, for nite. The presence of twist and camber alters the flow
leading-edge elements of a series of flat delta wings withconditions so that the singularities usually disappear not
different values of the leading-edge sweep parameterat zero angle of attack but at some other angle of attack.
B cotA. The data cover all code span positions up to theBecause the theoretical leading-edge thrust is directly
maximum permissible for a given value pEotA. The related to the strength of the leading-edge singularity, the
code velocities are assumed to act at the element quarteangle of attack corresponding to the disappearance of the
chord and the ratios are plotted as a function of thesingularity has been designated as the angle of attack for
element chord. Most observed scatter in the data is due taero thrusta,;. At other angles of attack, singularities
inclusion of inboard span stations where a stable numeriform at the leading edge just as they do for the flat wing
cal solution has not yet developed. For these leading-at angles other than zero.
edge elements, a curve expressed by the equation

A means of identifying the angle of attack for zero

1.4 thrust offers considerable advantages in calculation of

Au 1—%[—@% theoretical leading-edge thrust and in integration of per-

F(x) = —0de = turbation velocity and pressure distributions to obtain
Auy, J2B cotA g forces and moments for wings with arbitrary twist and

i camber. The following discussion describes the calcula-
was found to adequately represent the data of figure 8tjon of o, and its use in the calculation of theoretical

The corrected perturbation velocity location for leading- leading-edge thrust. The use @f, in the separation of

edge elements is perturbation velocities and pressure distributions into
¢ components with and without singularities for employ-
Xeor = € ment in integration techniques is discussed later in
12 i
A[F(x)] section 5.

In the WINGDES and AERO2S codes, results cov-
ering a range of angle of attack are obtained by combin-
ing the solution for the input cambered wing (considered
to be atr = (°) with a solution for a flat wing of the same
planform ata = 1°. An example of these basic solutions
for a 40 swept leading-edge, constant-chord wing (one
panel only) is shown in figure 9. The mean camber sur-

Both the subsonic and the supersonic linearized the-face is an arc of a circle with a radius selected to give a
ory solutions apply to lifting surfaces of arbitrary plan- leading-edge slope afz/dx= 0.0875(¢, = 5). Results
form with arbitrary distributions of twist and camber. for the cambered wing are given at the top of the figure,
The character of the calculated perturbation velocity andand results for the flat wing are given at the bottom. Note
pressure coefficient distributions is strongly influenced that the cambered wing as well as the flat wing displays a
by leading-edge flow conditions. For flat lifting surfaces leading-edge singularity.

As in the subsonic solution, the location rather than the
velocity itself is changed because a shift in location cor-
rects flat wing data but does not introduce appreciable
errors in data for surfaces with pure camber loadings.

3. Theoretical Leading-Edge Thrust
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Figure 10 shows results for other angles of attackrelated to the singularity parameter by the following
obtained by combining solutions for the cambered andexpression:

the flat wings by the following expression: b )
mh | 2
C = 23 tanz/\Iei B [(AUA/)?)O] (6)

where the positive sign d§° applies to subsonic flow

. and the negative to supersonic flow.
The angle of attack of 1°8vas chosen for this illustra-

tion because at or near that angle the leading-edge singu-  For the flat wing,
larity vanishes. The velocity distribution for this case

sina
Au=Au.+Au; ——
c f sin1°

may be considered to be a pure camber loading. For this (Au/X )o = (AU/X)g f —ST'D—%
constant-curvature surface, the velocity distribution sin
closely follows a curve defined by and

, } _sinaf b [ 2 2 2
Bu=ke [T B-50 %t = Bhinge0 2 &7 Nt BT [(AUVX)o 1]

For the cambered wing, the theoretical leading-edge

or thrust is assumed to act in the same fashion as it does for
the flat wing except that the center point, at wiicks
X X X zero, occurs ati,; nota = 0°. With the definition ofo,
Au ry Ke Y 1- ry andc; ¢ the section theoretical leading-edge thrust coeffi-

cient at any angle of attack that may employ camber may

A distribution of this form is used in the subsequent anal- °€ found by use of the expression
ysis of leading-edge thrust characteristics. Dsin o — Sino‘ztﬁ

Fi - G =C in1° 0
igure 11 illustrates how the angle of attack for a sin
vanishing singularity at a given spanwise station may be
found directly. Singularity parameters in the form
Au./x are shown for the first three elements of both a
cambered wing at = 0° and a flat wing att = 1°. From
previous observations of the nature of cambered and flat . .

wing velocity distributions, assuming a leading-edge sin- 4. Attainable Leading-Edge Thrust and Vortex
gularity parameter of the following form is reasonable: ~ Forces

’ The original method for the estimation of attainable
Au./X = Ky [c—x + ke X_C_ [c—x leading-edge thrust was introduced in reference 1. An
improved method described in reference 7 has recently
i i i been developed that provides for a greater range of airfoil
where the first term on the right-hand side represents &hapes from very sharp to very blunt leading edges. This

flat wing contribution and the second term, a puré no method is based on a wider range of Reynolds num-
camber contribution. Curve fits of the data for the first bers than available for the previous method. An addi-

two elements using this equation are shown as the dasheg,n41 aesthetic appeal of the new approach is a

lines. The singularity parametey/alu?s at the wing re|ationship between flow over the wing surface and the
leading edge ardesignated as(Au./X)o 1" for the flat  cqresponding two-dimensional airfoil analysis more

wing and* (Au./x)o,c" for the cambered wing. It now  consistent with actual flow patterns. Because develop-
becomes clear that the angle for a vanishing singularityant and use of the new method are covered in great

or, in other terms, the angle for zero leading-edge thrustyetajl in reference 7, only an outline of the method with

This method provides a more accurate result than a direct
application of equation (5), which does not recognize the
existence of an angle of attack for zero thrust.

is simply emphasis on the calculation steps is given herein.
—(AuJ/X) The attainable thrust method is based on (1) the use
2t = ———70¢ of simple sweep theory to permit a two-dimensional
(Auﬁ)o,f analysis, (2) employment of theoretical airfoil codes to

define thrust dependence on section geometric character-
Using relationships developed in reference 2 showsistics with pressures limited to a vacuum, (3) generaliza-
that the section leading-edge thrust coefficient is tion of the thrust dependence on limiting pressures to
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include more realistically achievable pressures, andcamber. Then for each span station, the limiting pressure
(4) the examination of experimental two-dimensional coefficient is calculated by use of the following equation:
airfoil data to define the more realistic limiting pressure

dependence on local Mach and Reynolds numbers. The 0 R x10° BE

. . 20 T 0
applicability of the method was demonstrated by com- cp lim = 5 = g 7)
parisons of theoretical and experimental aerodynamic ' yMrBan 10 " +Kp
characteristics for a series of wing—body configurations.

The relationship between streamwise airfoil sections where
and the normal sections used in method development is 8(1-M,)
illustrated in figure 12. Steps in the solution process may K =10

be outlined as follows.

e, = 0.02amM;% 7
For each of a large number of wingspan stations, the .
following terms define the normal section geometric The equivalent Mach number

characteristics:

J2 “/J 2
C. = cCOSA Mg = ——— i m2O-1 (8)
n le e \Coim /71_M§ 1+ HC, imd1-Mp B
oo -t _1 which accounts for differences between the limiting pres-
el ¢ COSA\|o sure coefficient and the vacuum pressure coefficient, is
then used in the calculation of the attainable thrust factor.
Mn =N The attainable thrust facté; is found by use of the
following equation:
%ﬁ _r_1
c 2 €3
cos A\ O e,_e,[]
le K, _. O (t/c),(n/0.5) * 2% o
_(tle)n 1+@ol? oM 0.9 0
ri,n - 2 0 O
(t/c),

with K; limited to values no greater than 1.0 where
In addition, for each span station the normal Mach

number, Reynolds number, and normal section thrust 0
coefficient are defined as Ka = 59-14[1-0—( 1.6- «/ri,n)Mg
M, = McosA 1 —M 94 147
+0.11 /r; . (+——0
_ 56 "M Me O
R, =R z cos/\ o
= _.r]_ 9'16_
L. 1 e 0% (0.4Jr|,n 0.7)
t,n T ottt
c, COSZ/\|e _ 0.10
e, = l.6ri,n -3.0
or
0.10
c e; = 0.32;,°-03
c =z¢oav_1
t.n tcy cosZAIe The expression defining the exponendiffers slightly

from that given in reference 7. The change was made to
with ¢ nondimensionalized as in AERO2S and remove irregularities in the variation Kf with leading-
WINGDES. The theoretical thrust coefficiegitis sup- edge radius that sometimes occur for airfoils with a very
plied by the linearized theory lifting surface analysis. forward location of the maximum thickness and very
This coefficient accounts for variations of the theoretical small leading-edge radii. For standard and near-standard
leading-edge thrust coefficient with such factors as free-airfoils (n = 0.3 to 0.5 and, = 0.25 to 0.35), this change
stream Mach number, wing planform, and wing twist and has a negligible effect.
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The ratio of attainable theoretical thrigtfor each
normal airfoil section is then applied to the theoretical
thrust for the wing at the wing spanwise station from

the wing lower surface. A detached vortex flow pattern,
with embedded circulation, forms and induces an addi-
tional lifting force. If the flow reattaches to the wing

which the normal section was derived to arrive at a span-upper surface ahead of the trailing edge, the attached

wise distribution of attainable thrust. The attainable
thrust section coefficient then is

* —
¢ = K¢

wherec, is the full theoretical leading-edge thrust coeffi-
cient defined by the attached flow linearized theory lift-
ing surface solution.

For a given wing and a given set of test or flight con-
ditions, the theoretical leading-edge thrust coeffiabgnt
given by a linearized theory code, varies with span posi-
tion and wing angle of attack. The attainable thrust factor
K; determined by the attainable thrust method varies with
those quantities and with other factors including local

leading-edge sweep angle and wing section characteris

tics. The effect of wing twist and camber (or flap deflec-
tion) is accounted for in the calculated value opf

Because the attainable thrust factor is dependent on th
theoretical thrust, it too is influenced by twist or camber

and flap deflection. The same spanwise integration tech-
niques used in the lifting surface code can be employed

to calculate wing attainable thrust coefficients.

As discussed in section 7, it may be desirable for

flow potential lift associated with the change in vertical
momentum from just ahead of the leading edge to just
behind the trailing edge is not lost. Thus the wing lift is
increased by the amount of the vortex induced lift. As
discussed in section 7, for conditions which tend to cre-
ate a vortex flow which does not reattach ahead of the
trailing edge, wing camber or leading-edge flaps can usu-
ally be employed to reduce vortex strength and bring
about an earlier reattachment. Polhamus (ref. 11) estab-
lished a relationship between the normal force induced
by the separated vortex flow and the theoretical leading-
edge thrust. According to the Polhamus suction analogy,
the suction vectoc,/cos A\ is assumed to rotate to a
position normal to the wing surface, where it affects the
normal force rather than the axial force. Because the
present method treats a partially developed leading-edge
thrust, considering a partial development of the vortex
force seems logical. The simplest approach is to equate

the vortex force with the undeveloped thrust as follows:

C—Cia
COSA|q

CVOI’

This flow separation always causes an increase in drag.

design purposes to know how much a local leading-edgeThe increase in lift cannot compensate for the loss of
deflection angle may be changed from the local flow leading-edge thrust. An ability to predict these changes,

alignment condition (presumed to be definedxby and

still retain attached flow and full theoretical thrust. As
described in reference 7, this angle-of-attack rakme
may be found by a two-step process. Fifstis set to a
value of 1.0 (attainable thrust equals full theoretical
thrust) and the corresponding value of the theoretical
thrust coefficient is found. Then the equation relating the

however, is very useful in airplane design trade-off stud-

ies. Also, an understanding of the mechanism of flow

separation can be helpful in the search for strategies to
reduce separation and improve performance.

The suction analogy provides no information on the
point of application of the vortex force vector. An
implied assumption is that it acts just behind the leading

full theoretical thrust coefficient to angle of attack is
applied to a flat wingd,; = 0) to define the limiting
angle to give

edge. Because the vortex flow field can act at locations
which under some conditions may be far removed from
the leading edge, accurate estimates of the vortex-
induced normal force, axial force, and pitching moment

Aoy, = sin_lgsinr i% can be made only with some knowledge of the location
O Gt O of the vortex flow field. Both the WINGDES and the

AERO2S codes offer the following options for the loca-
For a flat wing, full theoretical thrust at a particular wing tjon and distribution of vortex forces.

spanwise location is developed over a range frévmg

to Aag. For a wing with twist and camber, full theoretical
leading-edge thrust is presumed to develop over a range
from o, — Adg to 04 + Ad.

Option 0: The vortex force is assumed to act perpen-
dicular to the wing reference plane at the wing

leading edge. This option, which provides no contri-

bution of vortex force to the wing axial force, was at

one time the only choice available in the AERO2S

predecessor code SUBAER.

For very thin flat wings with sharp leading edges,
little or none of the theoretical leading-edge thrust can
actually be realized. The real flow about these wings
cannot remain attached to the surface as it negotiates the
turn around the leading edge from a stagnation point on

Option 1: For delta wings and delta wing derivatives,
the vortex force center may be located through use of

11
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an empirical relationship derived with the aid of fig- ~—

ure 13. In this figure, data for uncambered delta Ne
wings with sharp leading edges are used to define, in
an approximate fashion, the lateral location of the

center of the vortex flow pressure field as a function —={ Xyor
of the wing local semispafx cotA,) and the angle .
of attack. The fairing of the data represented by the Sl {
equation s & y
-~
=
Yvor _ 1 I

XCOtA 1+ ./tana
Sketch 4-1

has been found to be applicable to a range of sweep

angles from about 3Go about 80. An approximate For options 1 and 2, the distribution of the force is
location of the center of the vortex pressure field assumed to take the form shown in sketch 4-2. Mathe-
may be provided for wings that depart from the delta matically this form can be expressed as

planform and for wings which may employ twist and

camber or deflected flaps. The vortex cemntgg, O x O
shown in sketch 4-1 may be calculated by use of the AC, vor = kyoll—cosT ——0
following equations: O Xvorll

Over an element chord’z—x'l, the incremental normal

Xyor = 0.0 (0, —Dag <a<a,+Adg) force due to the vortex is given by
S [ J 1 %
X, = 1+ /tan(a —a_.—Aa Ac = = AC dx
VOor COt/\le /\/ ( Zt ﬂ) N,vor Cav Ixi p,vor
(a>a,,+Adg) k X, 0,0 X, X;
2t ft = 01 (x, — x}) — ~2Bin T—% — sinT—=
Cav n D X;IOI’ X;IOI’

7l
X, = —— |1+ [tan(a t—AGﬁ—G)}
VOr  cotAp J z and over the entire interval from 02x,,,, by

(a<a,—Aag)

1 ,
ACN,vor = C_ 2kvoeror

in which A is the local leading-edge sweep angle, av
0 is the wing angle of attack for a local leading- sq that
edge thrust of zero, amiby is the range of angle of
attack for full thrust. This formulation locates the AcCy vor Cav
vortex center aft of the leading edge when full thrust Kvor = -
is not realized. However, it does not account for the 2Xyor
initiation of leading-edge separation at points along . .
the leading edge other than the apex of the superim-1N€ factor k., establishes the magnitude of the

posed delta wing. This option, which is the default AC,, o distribution action on the wing surface. Because
for both the WINGDES and the AERO2S codes. has the surface may be cambered and may include deflected
been used for the vast majority of the correlations

with experimental data reported in the references.

Xvor

Option 2: An alternate and very simple means of o9 % ”
locating the vortex force center is given by Lan and | vor
Chang in reference 12. When applied to the present ACpvor ' .
numerical method, the location of the vortex force vor
center is

1

y
X&/or = C; Cay Sketch 4-2



flaps, contributions to axial force as well as normal force
are present. If the vortex center lies aft of the local chord
midpoint, part of the vortex force does not affect the
wing and is lost.

5. Aerodynamic Forces and Moments

Section aerodynamic coefficients are found by
integration of the section pressure distributions, for

which the pressure coefficient is assumed to be given by

Cp = 2Au. Because perturbation velocities are obtained
by superposition of cambered and flat wing solutions, the
pressure coefficient may be expressed as

_ sina
S = Cpc *Cort Ginpe
or
_ sina
Cp = 2 Au.+2 Aug Snt

As shown in sketch 5-1 the pressure acting on the airfoil

camber surface produces an incremental section normal

force given by

d

Cy = Cp dscose = CID ax

where

dx
cose = —
ds

and an incremental section axial force given by

—c, 92 4x
Pax

dcy = C, dssine

The section coefficients may be expressed as

L ¢ dx
Cy = —
N CaVIo P
Cpr = C ———dx
A Cav-fo Pdx
_11.¢° :
Cp = _EIO Cp (X +Xg =X ) dX

In order to account for leading-edge singularities where

appropriate and to avoid them where not appropriate, the

integrations are performed by parts. The total section
normal-force coefficient (exclusive of thrust or vortex
forces) is given by

sina

Cy=2¢6 +C —_
N N,C N,fS|n1°

s L|\
o -

\i
Sketch 5-1

The section normal-force coefficient generated by
the flat wing pressure distribution for = 1°, ¢ ¢, is
obtained by the integration depicted in sketch 5-2.
Within the limits of a given elemeifk; to x,),  the pres-
sure distribution is assumed to have the form

_ _ C
Cp, = 20u = 2k [Z-1

with the constank; defined so that the curve passes
through theC, value at the element quarter-chord (or the
corrected location for the first two elements). The incre-
mental section normal-force coefficient for this element
is given by the integral

dc = XéC dx = 2k & E—1dx’
N.f J-x’l p.f fIx’l X

The integration may be performed through use of the fol-
lowing substitutions:

€1 = o
;—1 = C0t2

and
_ C
dx = = sin6dd
X
o\
\
Cp’f
~<
X %
Sketch 5-2
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with _

cosO = 1- 2£
c

C
The result is pe —
ch’f = Ff(x’)Cp’f - +
where o
, C 0 . . (Cpde
Fe(x) = étané (6,—6, +sinB,—sinB,) ~
with ] +
0 = cos @ _2X0 (Cp,It
0
_ ot 2%l -
8, = cos %_TD Sketch 5-3
a0 2x0 with the constank. defined so as to pass the curve
8, = cos %—TE through theC,, value at the element quarter-chord (or the

corrected location for the first two elements). The incre-
The section normal-force coefficient generated by flat Mental section normal-force coefficient for the element is
wing pressure distributions for = 1° is simply the inte- ~ 9iven by the following integral:
gral of the incremental coefficients as follows: y y
2 . 2 ; ; '
1 ¢ (dey o), = J’ C, dx = 2k°.[' JX(c=X) dx
CN f = _I dCN f dX’ Xl Xl
1 C O 1

av .
When integrated,
which, as carried out in the code, is merely a summation.

The section normal-force coefficient generated by (dey o) = Fe(X) (Cp o),
the cambered wing pressure distributigg . is the re-
sult of two integrations. First, as indicated in sketch 5-3, Where
the cambered wing pressure distribution is separated into ) X
two parts. This separation is accomplished through use of F (x) = - ¢ Pﬁ _10] %_ _EB_E
the angle of attack for a section thrust coefficient of zero X X e 2 c-c¢c
0 as follows: 2 %—EDE

Coc = (Cho), +(Cpe) ! 10X

p.C p.clt p.c/c _dﬁ_}a/@
(Cp.e)f = —0zCp,r o2 e
(Cp,c)c = Cp,C_(Cp|C)f

The integration of the flat plate compon€i@, ) is
handled in the same fashion as was the basic ﬂat‘l’hen
wing pressure distribution at= 1° previously discussed

to obtain a cambered wing normal-force contribution dey ¢ = (dey C)c+(dCN C)f
(Cn,c)¢- The integration of the pure camber loading q ’ ’ ’
(Cp.c). may be explained through the use of sketch 5-4.2"
Within the limits of a given element, the pressure distri- 1 ¢
bution is assumed to have the form Cne = C_m/IO dey ¢ dX

Cp = 2Au = 2k /X (c—X)

which is obtained as a simple summation.

14



(Cpde , \ T~
\ ~ <
/ iy |
/ \ M
] ) - -
¢ ) 1@
dx' - dx' av |
Sketch 5-4

The total section pitching-moment coefficient 4z
(exclusive of thrust or vortex forces) is found in a similar Cp(&)
fashion as follows: &

te sina £ .
m,c ~ *m,f gjn1° Sketch 5-5

_ 11
1

Ch=20C

The incremental section interference coefficient for this

1 element is given by the integral
cm’C—C— I dey ¢ (X + Xeg=Xmo) dX

. . . . . dCA f/ - J- C dzd '
The total section axial-force coefficient (exclusive of 1/e P dx

thrust and vortex forces) is given by ( \
X5 — X '
=2k [k + Ky fxxlz S-10x

With the exception of the negative sign and the average

slope term, the integral is identical to that td)c
The section axial-force coefficient generated by the flat Therefore

wing pressure distribution foo = 1° acting on the
cambered wing surface, ¢,. is obtained by the integra-

c = e sina
A A,C A, flc Sln1°

tion depicted in sketch 5-5. As before within a given ele- (X5 —X7)
ment, the pressure distribution is assumed to have the dca f/c = {kl Ky——— } §(X )CIOf
following form:
c with F((X’) as previously defined. Then
C, = 20u = 2k; [=-1
p X’
Cafrc = I dea, f/c dX
The camber surface slope within the element is assumed
to be
is obtained as a summation. The approximation resulting
q from the use of the average slope is acceptable because
gz _ ky + Ky (X =X) element chords can be reduced to make the change in
dx slope small compared with the average value. Studies
discussed in sections 8 and 9 help to establish element
with an average or midchord slope of chords (defined by element aspect ratio) necessary to
provide acceptable accuracy of the numerical solution.
dz _ k1+k2(~x_2:_§1_) As indicated in sketch 5-6, the section axial force

2 due to the cambered wing pressures acting on the camber
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are used as described to give theoretical section thrust

dc
Ac coefficients as a function of angle of attack.

dey e As has been discussed in section 5, with the excep-
' tion of ¢ andc,,, the section force coefficients shown
in figure 15 may be obtained by fairly simple operations
involving the angle of attack and the basic section param-
eters illustrated in figure 14. The attainable thrust and the
{-1 ;2 vortex force coefficients, although predictable, have no
simply defined dependence on angle of attack. In
Sketch 5-6 employing the attainable thrust method to calculate these
coefficients, separate calculations for each span station at
each angle of attack are required; the results are stored
for subsequent use in the section force coefficient
buildup.

surfacesicy ¢ is calculated from the previously discussed
cambered wing section normal-force coefficidqy . as

z . . . .
dcy = dey ¢ %( The code techniques for integration of section forces

to obtain overall wing characteristics are very simple.
with dzdx evaluated at the element midchord to repre- The section force coefficienty; aeg  are assumed to
sent an average slope. Then be constant over the span of a given section. Because the

section force coefficients are nondimensionalized by the

c - X -
Cp. = 1 I dc, . dx wing average chord, the wing coefﬁmerﬁgq_, Ca and

: C,y Jo , C,, for a given angle of attack are determined by a sim-

_ _ _ ple summation covering the wing semispan which is then

is obtained as a summation. divided by the semispan to produce coefficients based on

tion force coefficient are combined with thrust and vor- defined as

tex forces is given in figure 14. The cambered wing at its

reference condition (assumed to de= (°) produces a CL
normal-force coefficienty .. At other angles, the nor- C
mal force is increased by the flat wing loading increment D
given bycy ¢ sina/sin I. In addition, there may be a

small change in normal force due to a component of the6. Wing Analysis Method for AERO2S Code
attainable thrust acting in the normal-force direction

C; Sing,. Another, often larger, increment can result from The AERO2S computer code uses lifting surface
the vortex force, o, that arises when the attainable thrust analysis methods developed in sections 2 through 5 for a
is less than the full theoretical thrust. wing which may employ leading- and trailing-edge flaps

. in combination with a canard or a horizontal tail surface.
The cambered wing at zero angle of attack produces

an axial-force coefficienty .. An important interfer- _ )
ence term contributing to axial force at all other angles of ~ 6.1. Wing With Flaps
attack is produced by the flat wing loading on the camber
surface. That increment is given @g /¢ afisin 1°.

This term is primarily responsible for the performance
benefits of twisted and cambered wings. Finally, at
angles of attack other than that for zero section thrust,
there is an attainable thrust contributich,cose,,.

CN cosa —CA sina

CN sina +CA cosa

The analysis of a wing with flaps is constructed from
contributions of four basic lifting surface solutions, a
twisted and cambered surface, a leading-edge flap sur-
face, a trailing-edge flap surface, and a flat surface at
o = 1°. These components are illustrated in sketch 6-1.
For the analysis of a wing with flaps in combination with

A sample of code-generated section force coeffi- a canard or horizontal tail, a second lifting surface solu-
cients is shown in figure 15. The wing planform used in tion with, in general, a different planform is combined
the code included the body. The most noticeable breakswith the first four component surfaces. This second lift-
in the general shape of the distributions are explained bying surface does not, however, include leading- or
the wing—body juncture at a semispan fraction of 0.127trailing-edge flaps. Lifting surface solutions for the wing
and a cambered wing spanwise load distribution that wasn combination with a second surface are performed in an
designed to be constant to the 0.625-semispan station aniderative fashion so that the mutual influence of one on
linear from there to the tip. The quantities; amg) the other is taken into account.
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In representation of leading- and trailing-edge flaps
as component surfaces in a solution by superposition, it
is important to conform to the same rules as for the wing
representation. The flap surfaces must be represented by
the same grid system, and the flap surface elements must

also be placed so that inboard and outboard element

chords lie along unit values of the spanwise parameter
By. The code provides an automated adjustment to input
flap planform definitions to meet this requirement. As
shown in sketch 6-2, flap chords are defined by tabular
inputs which extend from the wing centerline to the

wingtip. New entries in the table are required only when
the chord changes. A discontinuity in chord requires
entries at the closely spaced but not identical span sta-
tions. The automated code adjustment alters the flap
planform to provide trapezoidal elements with inboard
and outboard boundaries coincident with unit values of
the spanwise paramety as shown in sketch 6-3. The
adjustment preserves the original flap area.

Sketch 6-1

For input flap surfaces, described as a spanwise dis-
tribution of flap chord and streamwise deflection angle,
values of surface slope for each of the wing elements are
determined within the code. Solutions for the longitudi- g‘e g'e g‘e 8‘9
nal perturbation velocities corresponding to these new 80 0 80 0
surfaces are performed simultaneously with the solutions 81 50 81 52
for the flat and cambered wings. For the surfaces com- 385 22 280 4.0
posed of flat panels, an assumption of lifting pressures 281 0
proportional to the sine of the deflection angle rather than 385 0
the tangent (the surface slope) gave better agreement
with experimental data. For curved camber surfaces.
however, the sine substitution resulted in a tendency to
underestimate the camber drag and overestimate the
wing performance. Thus, for the wing analysis method,
the lifting pressures are defined as

Sketch 6-2

sina

Cp 2 AUf m (Flat wing)

sin 6,e

p = 2 Aulem = 2Au, cosd (LE flap)

) A sin 6te
= u JE———
p e tan de

2Auy, cosd,, (TE flap) y
Sketch 6-3

0
1l

p = 24U, (Cambered surfage

sketch 6-4, an incremental force for the cambered wing

Section force coefficients are found through the inte- Section may be defined as
gration techniques described in section 5. Now, however,

the cambered wing coefficients include deflected flaps as dcy = dcg cosd
well as camber surface contributions. Both solutions are = (C.ds cosd
handled as described for the cambered surface except I P

that, for the flap contribution, additionaosd,, and - IC dx
cosd,, terms are introduced. Sketches 6-4 and 6-5 illus- P
trate the necessity for this correction. As shown in becauselx = dscosd.
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dca For additional flap deflection angles, the user may
specify factorsm, andn, for the leading and trailing

dey edges, respectively, to produce results for new deflection
deg angles:
! —1
A . 3 . = tan " (my tand, )
" :
® A O = tan_l(mte tand ;)

Sketch 6-4 where the subscripb indicates the original input flap

deflections. These factors act on the complete input span-
But for the flap surface shown in sketch 6-5, wise schedule of flap deflections. Thus the magnitude
but not the form of the deflection distribution is changed.
When the variations of element chord and pressure coef-

dey = dcg cosd ficient with cosd (for both influencing and field ele-
= J‘C ds cos d ment) are taken into account, the flap-induced pressure
P coefficients for the new deflection are
= J’ C, dx cosd
_ O T 0
becauselx = ds. AC, e = 2 %&ukw + 5 tandy cos{)'e’OB

These refinements, which introduce a édsrm in

both the lifting pressure and the normal-force coeffi- 2
; ; cos o
cients for deflected flap surfaces, increase the accuracy e le _Tnd cosd
icati le 2 le le
of the code application to flap systems. cos’ 3,
e,0

Code results for additional flap deflections may be
obtained by the use of input flap deflection multipliers.
Solutions may be obtained for wing surfaces composed _.|d o O
of all possible combinations at leading-edge and trailing- ~ 8Cpte = 2/ [Blie o+ g @n Ste,0 COSOte o]

. . gy . O O
edge flap settings provided by the original deflections
and by the flap deflection multipliers. Up to 25 pairs of

leading-edge and trailing-edge flap deflection schedules cos2 O T
may be treated simultaneously. Solutions obtained by XMe——_— —Btanéte COSGyq
using the multipliers are determined by a perturbation COS dyg

process and are not as accurate as solutions for the

original or nominal input deflections. When increased These relationships are found by consideration of
accuracy is required or when the change in performancesquation (2) which shows the effect of the summation of
with the change in deflection must be evaluated—as inthe influence of all elements except the field element in
the construction of suction-parameter contour maps—producing the field element pressure coefficient for the

individual solutions without recourse to multipliers may input nominal deflection. For a different flap deflection,

be required. this influence is multiplied by the ratio of deflection
anglesm,, and by the ratio of the cosine of the deflec-
tion angles squared to form an estimate of the influence

dcy of all the other elements for the new deflection. The
— adjustment is based on the assumption that the new

dey %CR deflection is constant for a sufficiently large region in the

: vicinity of the field point so that the multiplication factor
A g represents the change in influence of all the other ele-
ments to a sufficient degree of accuracy. Then with this

ds dx new estimate of the influence of all other elements,
< equation (2) is applied again to find the field element
pressure coefficient for the new deflection angle. These

Sketch 6-5 new pressure coefficient distributions are integrated in
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the same way as those for the original deflections to
obtain force and moment coefficients. /N \
T T

The present code provides an improved accounting / Q\
of hinge-line singularities in determination of wing
forces and moments. The technique used is illustrated in
figure 16. In the original code, only wings with smooth
camber surfaces were treated, and there was no provision
for flaps. When the code was expanded to cover leading-
and trailing-edge flaps, two new surfaces were added, but
the fairing and integration techniques were not changed.
The flap surface loadings were simply added to the exist-
ing camber surface component. Thus, the fairing for a
case with leading- and trailing-edge flaps and a camber Sketch 6-6

surface withz = 0 would appear as shown at the top of
figure. As can be seen, the code fairing is not well suited

to the character of the flap loadings. In spite of this hand- Attached
icap, acceptable results were obtained when a sufficient
number of chordwise elements were used. However,

there is a tendency for part of the singularity loading to

’!’ Separated
be lost in the integration process. To provide a partial /\\
remedy, the adjustment procedure illustrated in the mid-

dle portion of figure 16 is now used. The adjustment to

Q:

Vortex contribution

X

the camber surface pressure distribution is made only for Separated
contributions of the leading- and trailing-edge flap sur- e Attached
faces. A curve of the form ‘TN )

ACp [\ —,I \q ’A/\\

k TN
ACp:khllg—l+L \
X [|Xq—X X
Sketch 6-7

is fitted to theAC, data for a given element and for the
preceding and following elements. The integrated area

under this curve is compared with the integrated areayy the theoretical leading-edge thrust. Because the
under a linear fairing, and the difference is represented agheoretical thrust for the deflected leading-edge flap is
an adjustment tdC,  extending over the given element.re|atively small (compared with the theoretical thrust for
When this adjustment is made for all the chordwise ele-the flat wing), the vortex force associated with the circu-
ments, a revised distribution, as shown at the bottom ofjation within the separated region is also relatively small.
figure 16, is obtained. The original code integration pro- ] . )
cedures, when applied to the revised distribution, account ~ The relationship between separated and theoretical

for the lost singularity areas and provide an improved attached flow for efficient flap systems may be further
integration in the calculation forces and moments. explored with the aid of sketch 6-7. The dashed line rep-

resents the mean camber surface of a flap system airfoil
The attention given to the proper handling of theoret- section and the corresponding theoretical attached flow
ical singularities may be questioned because it is well-|iting-pressure distribution. For the same section in sep-
known that singularities do not develop in the real flow. arated flow, most of the force distribution (excluding the
The following discussion, which enlists the aid of vortex force) is caused by the flow external to the sepa-
sketches 6-6 and 6-7, can be used to justify this speciatated region, a flow described by a streamline which
treatment. emanates from the wing leading edge and reattaches on
the wing upper surface. The short-dash—long-dash line
represents an effective mean camber surface for the
separated flow and the corresponding lifting-pressure
distribution.

The actual flow about an airfoil with a deflected
leading-edge flap can be quite different from that
depicted in figure 16. A flow field similar to that shown
in sketch 6-6 would be expected to form. The boundary
layer separates from the surface at the leading edge and If, as shown at the bottom of sketch 6-7, the sepa-
encloses a region of circulation whose strength is relatedrated flow returns to the surface in the vicinity of the
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leading-edge flap hinge line, the efficiency of the system configurations with considerable vertical displacement of
is close to that of the fully attached flow depicted at the the canard above and below the wing (ref. 4) indicated
top of the sketch. This can happen because the change dfat this vertical displacement might not impose a signif-
downward momentum of the flow over the flap itself is icant problem. Further work is required to establish the
approximately the same for separated and attached flowapplicability and limitations of the AERO2S code to this
therefore, the lifting force is approximately the same. type of problem.

The distribution of this force over the flap is different

from the attached flow, perhaps as shown in the pressure  §.3. Two-Dimensional Airfoil

distribution of the sketch; however, because of the uni- ) ) )

form slope of the flap surface, the integrated force in sep- ~ AS explained in section 4, the effects of Reynolds
arated and attached flow is approximately the sameumber and Mach number on attainable thrust are
Thus, for reasonably efficient flap systems, the attachedderived empirically by use of available two-dimensional
flow solution can model the forces generated in the airfoil experimental data. .Thc_a_ accuracy of the system
actual separated flow, even though the attached and sepdus depends on the availability and accuracy of these
rated flow fields have entirely different structures. This €xperimental data. A new set of two-dimensional airfoil
equivalency, however, is complete only if all the theoret- €xPeriments tailored specifically for this problem would
ical force (singularities included) is taken into account. M@ke a significant contribution to the technology. In
The additional contribution of the vortex force may be particular, a better definition of limiting pressure coeffi-

accounted for by employment of the Polhamus analogy. pientsdatdhigh Reynolds numbers for low Mach numbers
is needed.

Severe flow separation in which the separated flow ] o )

does not reattach to any portion of the wing can bring ~ The problem in calibrating the attainable thrust
about extreme performance penalties. Then the AERO2gN€thod is o find by iteration values 6, i, that give
code is no longer applicable. When flow separation axial-force coefficients fitting the ex_perlmental data as
occurs on the trailing-edge flap after remaining essen_the_y_break away from the ft_JII th_eoretlcal thrust curve. To
tially attached over the rest of the wing, code results aref@cilitate any future recalibration of the system, the
also questionable. However, as shown later, trailing-edge?"ERO2S code has been modified as described in appen-
flap flow separation is not nearly as disastrous asdiX A to provide a two-dimensional airfoil solution. In
leading-edge flap flow separation that does not reattachPbtaining this solution, the values S%Iim used in the

at or ahead of the leading-edge flap hinge line. current calibration may be replaced by arbitrary selected
values. When a chosen XMCPLT value, acting as a mul-

tiplier of current values, gives a curve #C,  matching
the experimental data for a range of angle of attack near
Figure 17 depicts the way the present modified codethe breakaway point, the corresponding limiting pressure
represents a typical wing—canard configuration. The coefficient included in the output data is taken to be the
inboard and outboard boundaries of the second surfacealue for the input Mach number and Reynolds number.
are made to lie along unit values of the spanwise parameA collection of such data for a large number of airfoils
ter By. The code routine that provides for this adjustment and test conditions then can be used to generate a revised
also changes the second-surface chords to preserve theurve-fit equation in a manner similar to that used in the
surface area (but not the aspect ratio). There may beriginal development.
some overlap of the canard and the wing in the region of
the wing-body juncture. This overlap and the change in7. Wing Design Method for WINGDES Code
aspect ratio introduce a small error in the numerical
solution. This error and other errors associated with The design method employed in the WINGDES
discretization are reduced as the number of spanwisecomputer code is directly dependent on the lifting surface
subdivisions is increased. Second surface elements aranalysis methods, discussed in sections 2 through 5,
numbered in the same manner as those of the wing, and which are applied to a series of candidate wing surfaces.
code index distinguishes between the two surfaces. TheConsiderations of leading-edge flow condition in combi-
order of solution still marches from front to rear and nation with drag minimization technigues are used to
inboard to outboard, and either a wing or a second surfind an optimum combination of these surfaces. Inclu-
face element is taken as its turn comes up. sion of the influence of attainable thrust on the design

. ) . dictates that the solution be found by an iterative process.
The computer code has no provision for vertical dis-

placement of the two lifting surfaces, but comparison The process begins with the evaluation of the aero-
of theory and experiment for two canard-wing dynamic characteristics of a code input surface. Except

6.2. Wing in Combination With Second Surface
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for special design purposes discussed later, that surface isombination of additional surfaces which produces the
flat. The important design information supplied by this necessary lift increment with a minimum axial-force
evaluation includes the angle of attack at which the coefficient. The tailoring of the leading edge plus the
design lift is achieved, the spanwise distribution of the combination of additional surfaces defines a new wing
angle of attack for zero thrust, and the range of angle ofsurface whose aerodynamic characteristics may be deter-
attack for full thrust. This information is used to tailor the mined by reapplication of evaluation methods. The new
wing surface in the leading-edge region to provide dis- surface generally has a different angle of attack for the
tributed leading-edge thrust forces which compensate fordesign lift coefficient and a different distribution of the
failure to achieve the full theoretical leading-edge thrust. angle of attack for zero thrust; these differences necessi-
Because this change in the wing surface changes théate a revised tailoring of the leading-edge surface and a
overall wing lift coefficient at the design condition, intro- revised definition of the additional surfaces. Thus a
ducing additional incremental wing surfaces is then nec-solution by iteration is required; the discussions in sec-
essary to restore the design lift coefficient. The Lagrangetions 7.1 through 7.4 elaborate on the steps taken in this
method of undetermined multipliers is used to find a process.

7.1. Candidate Surfaces

To provide data for use in the optimization process, the evaluation methods are applied to a series of candidate sur-
faces to evaluate normal-force, axial-force, and pitching-moment coefficients and interference axial-force coefficients as
well. The candidate surfaces are given in the following table:

Type Surface Defining equation
Input 1 z (defined by table of coordinates)
Flat 2 z = —(tanl®) X
€,
General camber 3 z= ksyey's(x') X1
surfaces €3 , &1
4 z= ky " (X) "
5 2 = ky¥3(x) ™
€ €,
6 z=ky YAy
[
7 z= ksyey'l(x') X2
€,
8 z= ksyey'z(x') X2
€,
9 2= ky "¥(x) "2
e,
10 z= Ksyey'4(x') X2
(S
Trailing-edge 11 z= ksyey'l(x' —ctgy)
camber surface$ , €y,
12 z= ksyzy'z(x —c+ cte)eX te
13 2= ky (X —c+ge)
€
14 z= Ksyey'4(x' —C+Gy) xte
Leading-edge 15 O _ 0N 2 1XQO .
camber surfaces %t = (tan1®) x %_5 e (0< X <cp)
O
0 1 o .
64 5}2 = é(tanl )Cie (ce<X)

The first surface is defined by an input TZORD table described in appendix A. For special design problems, the user
may choose to use such a surface. However, for conventional design purposes, a surfac aittrywhere is prefer-
able and this surface is provided by a code default. The second surface is a flat surface at an angle ofattack of 1
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Surfaces 3 to 10 affect the entire wing and are called general camber surfaces. The code user may select a desire
number of these surfaces from 0 to 8 to be taken in the order listed (for instance, if four surfaces are called for, surfaces
3 to 6 are used). The order cannot be changed, but other exponents can be subs#yieefor ey 3, €4 and and
for ey 1 andey ». The code uses all eight surfaces unless the user chooses otherwise; the code default for the number of
general camber surfaces is 8. Typical general camber surfaces for a delta wing with default exponents are illustrated in
figure 18.

Surfaces 11 to 14 are intended to cover a wing trailing-edge region for special purposes such as design of mission
adaptive surfaces or selection of trailing-edge flap geometry. If desired, these surfaces can be used as additional genere
camber surfaces by setting the trailing-edge surface chords equal to the wing chords and selecting ayglue of
different frome, ; ande, , but greater than 1.0. The user may select a desired number of these surfaces up to 4 to be
taken in the order listed. The code default for the number of trailing-edge modifying surfaces is 0. Typical trailing-edge
surfaces are also illustrated in figure 18.

The remaining surfaces serve the purpose of modifying the wing leading-edge region. They are designed to have a
much larger effect on leading-edge surface shimdx than any other surfaces (except the flat surface=al®) and,
thus, to exert a strong influence on the important design factor, the wing angle of attack for a local leading-edge thrust of
zero. One leading-edge modifying surface is used for each wing spanwise station from root to tip. Each surface has the
specified surface ordinates only for a strip one unit wide centered on that particular station. Everywhere else, the surface
has an ordinate of zero. A typical leading-edge modification surface for the third of seven semispan stations for a
subsonic design Mach number is shown in sketch 7-1. For supersonic speeds, the shape would be similar but the leading
edge would be unswept.

Sketch 7-1

Since the optimization process is critically dependent on these leading-edge surfaces, the user has no option for
reducing the number. The user may, however, select the area to be affected by the leading-edge modification by entering
a tabular schedule @f,  versus span station to replace the code default table whigh sets at all span stations equal tc
the wing root chord. Reduced areas for the leading-edge modification could very well give an optimized wing design
with better performance than that given by the conservative code default. However, very small leading-edge modifica-
tion areas could lead to erroneous results. Section aerodynamic and geometric data at span stations where fewer tha
2 or 3 elements cover the chord of a leading-edge modification surface could be suspect. The number oNeéfeenents
given chord may be approximated as

C
N = —© (JBYMAX)(ELAR)  (Subsonic speedls

b/2
_ % JBYMAX _
N = EET (Supersonic speejls

Because computational costs tend to increase as the fourth power of JBYMAX and the second power of ELAR, an
increase in the element aspect ratio is the more efficient means of providing for increased definition. At supersonic
speeds the only recourse is to increase JBYMAX.
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7.2. Influence of Leading-Edge Conditions on
Wing Design

Wing aerodynamic performance is critically depen-
dent on leading-edge flow conditions. If, as depicted in
sketch 7-2, the wing section thickness and leading-edge
radius are large enough to retain attached flow and full
leading-edge thrust for a given set of flight conditions, /
there is little need to depart from a flat lifting surface. If, nd
on the other hand, the wing section is very thin with little Sketch 7-3
or no possibility for the development of leading-edge
thrust, comparable aerodynamic performance can be
obtained only by shaping the wing camber surface as
shown in sketch 7-3 to distribute the pressures so that as
much of the section lifting force as possible is generated
on the forward portion of the section where a thrust force
can be generated. For wing sections with thickness and
radius which are appreciable but not large enough to gen-
erate full thrust at the design condition, a compromise
may be made by introducing just enough camber to Sketch 7-4
reduce the angle between the upwash vector and the
mean camber surface to a value which permits attached
flow. Such an intermediate solution is depicted in
sketch 7-4. As discussed subsequently, the attainable

thrust prediction method provides the basic information Aatt
required in a design process which takes advantage of the
possibilities for thrust generation to reduce the severity
of the design camber surface. y
b2
7.3. Selection of Leading-Edge Surfaces Sketch 7-5

The design process begins with the evaluation of the _ o
aerodynamic characteristics of the code input surface.of the angle of attack required to generate the design lift
Except for special purpose designs, that surface is flatcoefficient which is designated the “design angle of
(the code default surface), and such a surface is used foattack.”
illustrative purposes. The input surface is not allowed to . . . .
change in the design process, and thus the greatest poten- 1€ Object of the design process is to alter the wing
tial for drag minimization is permitted with an input sur- angle of attack for zero thrust distribution to create a rela-
face which places no restraints on the design. Among theponshlp similar to that shown in sketch 7-6 wherein the

information provided by the code evaluation of the input upper limits of the range of full thrust for the cambered

surface is a spanwise distribution of the range of angle ofVINd are coincident with the design angle of attack. This
attack for full thrust, which might appear as shown in process gives a design with the mildest camber surface

sketch 7-5. For angles outside this range, the attainabl apab_le of a theoretical a‘?mdy”amic efficiency compara-
thrust levels are less than the full theoretical values. TheP!e With the full theoretical leading-edge thrust effi-
evaluation of the input surface also provides an estimateS€NCy- A T""d‘?f camber surf_ace_ c_)ffers an o_b_wous
advantage in wing structural simplicity. An additional
advantage for supersonic speeds is the reduced real flow
drag penalties associated with camber surface severity
discussed in reference 6. The supersonic empirical cor-
rection first devised in reference 6 has now been modi-
fied to provide a means of incorporating an estimate of

ﬁ these penalties in performance predictions.

- The code design is carried out by iteration. For any
design iteration, the leading-edge surface weighting
Sketch 7-2 factors are set equal g, — (0, +Ady). For a flat
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Y
b/2
y Sketch 7-7
bi2
Sketch 7-6

(general camber surfaces) which restore the wing lift

coefficient to the design value and introduce a moment
input surface witha,, = 0°, leading-edge surface increment to approach the design pitching-moment coef-
weighting factors for the first iteration might be as shown ficient with the least possible chord force. Because these
in sketch 7-7. general camber surfaces have an influence on the span-

wise distribution of the angle of attack for zero thrust and

The resultant surface defined by the addition of the the design angle of attack, it is necessary to evaluate

spanwise distribution of leading-edge surface weighting these quantities and then find a distribution of incremen-
factors alters the wing lift and pitching-moment tal leading-edge surface factors to rematch the upper
coefficients. The optimization procedure, described in limit of the range of full thrust with the design angle of
section 7.4, is then used to find additional surfacesattack.

7.4. Selection of General Camber Surfaces

The Lagrange method of undetermined multipliers is used to define general camber surface weighting factors which
minimize the wing axial-force coefficient while producing a specified increment in normal-force coefficient and, if
desired, a specified increment in pitching-moment coefficient. For the design of an asymmetrical wing, an additional
restraint which eliminates a rolling moment about a specified center of gravity may also be applied. Application of this
method to the problem of selecting an optimum combination of loadings was covered in some detail in reference 10. For
the present application, the following set of equations is used to establish the strength of each of the candidate surface
factors:

ZCA,ZiAi +ACn2 T AyChm2 + ARAY,Cy =0

ZCA,niAi + )‘NCN,n + )‘Mcm,n + )‘RAyn CN,n =0

1=2
i=n i=N
CyiA + 0 + 0 + 0 =- Z CniA
1=2 i=n+1
i=n i=N
Cm,iAi t 0 + 0 + 0 :Cm,des_cm,pre+cm,cor_ z Cm,iAi
1=2 i=n+l
i=n i=N
AinLiAi + 0 + 0 + 0 =_Cl,pre"'cl,cor_ Z AinN,iAi
1=2 i=n+1
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n number of general camber surfaces and trailing-edge camber surfaces
N total number of camber surfacest JBYMAX

Cmpre  Pitching-moment coefficient evaluated in previous iteration

C

mcor  Pitching-moment coefficient correction based on differences between design and realized pitching-moment
coefficients in previous iterations

Ay, distance between center of pressure of candidate sudadewing center of gravity
Cipre rolling-moment coefficient evaluated in previous iteration

Ci cor rolling-moment coefficient correction based on differences between design and realized rolling-moment coef-
ficients in previous iterations

If a rolling-moment restraint for an asymmetrical wing is not applied, the terms in the bottom row and the column
just left of the equal sign are eliminated. If a pitching-moment restraint is not applied, the next to bottom row and the

second column from the equal sign are eliminated. With the surface factors evaluated by standard numerical procedures
for solutions of simultaneous equations (up to 15), surface slopes and pressure distributions of the optimized surface are

found by linear combination as follows:

i=N
dzo _ rdzo
X iZlAi X0

i=N
AC,, = Z AC;
i=1

7.5. Summary of Design Process using a subsequent evaluation with actual wing section
As described, the design process is carried out bythiqkness and Ieading-gdge radius to give performance
cycling through the following steps: estimates. Such a design, however, can be expected _to
suffer more severe real flow drag penalties at supersonic
1. Definition of aerodynamic characteristics of wing speeds than the milder surface design; these penalties
surface including spanwise distribution of angle of may now be estimated through use of the revised empiri-
attack for zero thrust and design angle of attack cal correction.

2. Definition of incremental leading-edge surface fac-
tors to match upper limit of range of full thrust with
design angle of attack

Two principal goals of the design approach of this
paper, as applied to a sharp leading-edge wing, are the
alignment of the wing leading edge with the local
3. Definition of general camber surface factors to upwash and the generation of a significant amount of

minimize wing axial-force coefficient while main- normal force in the vicinity of the leading edge to create
taining design lift coefficient and approaching a distributed thrust to replace the lost concentrated
design pitching-moment coefficient leading-edge thrust. At first glance, these two goals may

. L . . appear to be contradictory. The alignment of the leading
The iteration is stopped when, from one iteration to the edge with the local flow gives a loading of zero at the

next, the design angle of attack changes by less than__7 .
0.0 and the design pitching-moment coefficient leading edge which, of course, cannot produce the

desired thrust. The saving feature of the design concept is

changes by less than 0.001. the rapid curvature of the surface behind the leading edge
Although the code design procedures were devel-due to the optimized combination of candidate surfaces.
oped specifically to take advantage of attainable thrust inThis permits the rapid development of thrust producing
an attempt to define mild camber surfaces which yield loadings immediately behind the leading edge. The han-
aerodynamic performance comparable with that attain-dling of leading edges in linearized theory has always

able with full theoretical thrust, the code design featurescreated problems such as theoretically infinite pressures
can be used in other ways. For example, a design whicHor flat surfaces and theoretically infinite slopes for wing
provides a margin of error in meeting leading-edge align- design surfaces. However, this is a very localized condi-
ment conditions for thrust recovery can be achieved bytion and, except in the immediate vicinity of the singular-
designing for wing sections with zero thickness and ities, the solutions are reasonable. The failure of
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numerical methods to produce these singularities posesrom the data developed in the design mode, there is a

no real handicap. possibility that the wing performance may be improved
by user control of the leading-edge surface factors. There
7.6. Evaluation of Design are two primary ways in which the design as evaluated

) ._may differ from the design goals. First, as shown in
Although evaluation methods are used to determinéqy oo 7.8, differences may occur between the design
the aerodynamic characteristics of each of the candidate | ang the evaluation in the spanwise distribution of
surfaces, the results for the optimized combination of o angle of attack for zero thrust. This difference is a
surfaces may not provide a true representation of thenaaqre of the failure to provide the proper relationship
aerodynamic efficiency of the wing design. Because thepepyeen |eading-edge surface slope and the local
evaluation data provided in the code design mode are, ., ash For reasons discussed previously, the evaluation
based on the direct addition of surface ordinates andy,ia must be considered as the more accurate. Any ten-
aerodynamic coefficients for up to 64 different candidate yoncy for the design data to underestimate or to overesti-
surfaces, each of which may introduce numerical calcu- a6 this angle can be compensated for by an adjustment
lation errors, an accumulation of errors is a possibility. he leading-edge surface factors used in the design.

To provide a better assessment of the aerodynamic>e€cond, as shown in sketch 7-9, the evaluation data may
characteristics of the just completed design which is con-give an optimum lift coefficient that does not correspond
sistent with evaluation of other wing surfaces, a specialt0 the design lift coefficient. Again the evaluation data
code feature has been provided. Unless the code useéPust be regarded as the more accurate and a correction
chooses not to use this feature, the many contributing™ay be made by an adjustment to the leading-edge sur-
surfaces are consolidated to provide a single camber surtace factors. The following equation has been found to
face which in combination with a flat surfacenat 1° is provide a revised leading-edge surface factor distribution
used in a standard evaluation. When this code defaulthat offers improved performance most of the time when
option is exercised, the code creates, through interpola£ither or both of the preceding discrepancies are
tion and extrapolation, a table of camber surface ordi- Significant:

nates to replace the original input (or code default)
L,des

: C
surface and then performs the normal evaluation proce- Al adj = Tt (A + Ot goal” Uyt oval
p

dures beginning with the determination of code geometry
information for this new surface.

7.7. User Control of the Design

The code user can find a number of ways in which to il
exert an influence on the design beyond the normal selec- az | ** _
tion of design Mach number, Reynolds number, lift coef- Evaluation

ficient, and if desired, pitching-moment coefficient. As Goal

mentioned previously, the user may exercise some con- B Design
trol over the candidate surfaces to be used in the design.

The use of this capability for special purpose designs is v
illustrated in one of the code application examples given b/2
in section 12. Sketch 7-8

The user may also affect the design by overriding the
distribution of leading-edge surface factors provided by
the code. Because these factors are determined by a |
numerical iteration process, the design may result in a I
wing surface with irregularities in the spanwise variation I
of camber surface ordinates. As described later, the user
may substitute a smoothed set of leading-edge surface
factors and redesign the wing to produce a camber sur- Ss
face without irregularities.

CL,deﬁ
CL,opt
1

The provision for alteration of the distribution of

leading-edge surface factors may also be used for another cL
purpose. When aerodynamic data for a camber surface
design from the code evaluation mode differ significantly Sketch 7-9
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For the user’s convenience, a listing of the leading-edge
factors used in the design and a listing of suggested
values which may lead to improved performance are ;,(
provided.

/A

7.8. Flap Design Feature \

The design method employed in the WINGDES ACy
code provides for the definition of a wing lifting surface
employing twist and camber which is generally smooth
without discontinuities in surface slope. The method can,

4

//

however, be extended to the design of simple hinged X
leading- and trailing-edge flap systems. Use of an
attached flow design method for optimization of special- Sketch 7-11

ized lifting systems which obviously lead to appreciable
flow separation is justified by the following logic.

If it were possible for thin wings to achieve attached
flow and develop the full theoretical leading-edge thrust,
high levels of aerodynamic efficiency could be achieved
without the use of twist and camber or of flaps of any
type. As depicted in sketch 7-10, a thin flat wing could,
if the flow remained attached to the surface, develop a
lifting-pressure distribution with very high suction pres-
sures in the vicinity of the leading edge (a singularity in
the case of a flat section with no thickness). The high
pressures acting on the nose of the wing section produce Sketch 7-12
a leading-edge thrust which counteracts a large portion of
the drag distributed over the remainder of the section.

For two-dimensional flow, the counteraction is complete, shading represents a separated flow region with an
and theoretically the drag disappears. Even for a flat secembedded circulation. Although the actual leading-edge
tion with no thickness, thrust is theoretically developed thrust may disappear, the force associated with the singu-
because in the limit, as the thickness approaches zero, thiarity is not lost, but according to the Polhamus analogy
integral of the pressure acting on the projected frontal(ref. 11) is redistributed to appear as a normal force
area tends to remain constant. instead of a thrust force. Because the gain in normal

) o force cannot compensate for the loss in thrust, the aero-
However, in the real flow there are severe limitations gynamic efficiency becomes much poorer.

on the levels of suction pressures that can be achieved.
When the high suction pressures associated with attached ~As shown in sketch 7-12, use of a leading-edge flap
flow cannot be achieved, the flow tends to separate fromcan make the problem less severe. The theoretical
the surface, and flow patterns and pressure distributiongattached flow lifting pressures in the vicinity of the lead-
such as those shown in sketch 7-11 may result. Theng edge are much reduced. The one singularity at the
leading edge is replaced by two singularities, one of
lesser strength than the original at the leading edge and a
second at the flap hinge line. Thus, a distributed thrust
é: \ force replaces the concentrated leading-edge thrust of the
\ \ flat wing. For the proper deflection angle, pressures in
\ the vicinity of the two singularities can be made compa-
rable. This distributed lifting pressure acting on the fron-
AG, s ]Eal projected area of the flap produces a theorethal thrust
orce approaching that of the concentrated leading-edge
singularity of the flat wing. Because of the generally
reduced pressures required to produce nearly the same
level of theoretical thrust, that thrust is much more likely
to be achieved or approached in the real flow. Within
Sketch 7-10 limits, the required pressure levels for the achievement of

I
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a distributed thrust nearly equivalent to that of the flat may be retained if the separation is sufficiently localized.
wing singularity can be controlled by selection of the flap Such flow patterns are termed “predominantly attached.”
chords and deflections. Even with flow separation, the As discussed in section 11.2, flow separation over the
thrust force is preserved if reattachment takes place at otrailing-edge flap area only is not likely to be nearly as
ahead of the hinge line and if no hinge-line separationdetrimental as separation at the wing leading edge.
occurs.

. . An extension of the preceding arguments for the use
A trailing-edge flap can also be used to improve real of leading- and trailing-edge flaps would lead to multi-

flow wing p_e_rformance. AS shown n sketch 7-13,_a segmented flaps fore and aft and an approach to the
deflected trailing-edge flap can increase the wing Ioad'ngcontinuously curved camber surface illustrated in

SO that the required lift can be generated at a lower angley o 7.15, Such a surface, which may be derived from
of attack. This in turn reduces the required loading and,. \\iNGDES code, provides for the complete elimina-

singularity strength at the leading edge and thustion of singularities and an approach to a uniform pres-

decreases the_ _chance of separation in the regl flow. In Rure distribution which should maximize the possibilities
sense, the trailing-edge flap causes the remainder of th‘f’or a fully attached flow. Therefore, it is reasonable to

wing section to act as a large-chord leading-edge flap. use such a wing design solution as a guide in the selec-

As shown in sketch 7-14, the effects of leading-edgetion of flap chords and deflections to approximate that
and trailing-edge flaps can be combined to further reducesurface, its loading, and its aerodynamic performance.
the theoretical pressure peaks and decrease the chances _ _ _
for real-flow separation. Now there are three singularites ~ Use of the flap design feature may be illustrated with
associated with the turning of the flow, and for properly the aid of figure 19. For flap selection, a mission adap-
selected deflection angles, pressures in the vicinity oftive or restricted area design is performed. Leading-edge
singularities can be made comparable in strength. Possiand trailing-edge modification surfaces must be
bilities for attached flow are further enhanced by a small €mployed, but no general surfaces are used. The chords
leading-edge radius and an effective radius at the hingeof these surfaces should be input as the chords of the
lines (created in part by the boundary layer). As dis- flaps themselves. The code then designs a restricted area
cussed previously, even with flow separation at the camber surface for leading- and trailing-edge areas

leading edge, good performance of the leading-edge flapvhose chords are set to 1.5 times the flap chords. The
original camber surface (a flat surface or a milder camber

design such as for supersonic cruise) is then superim-
posed by rotation and translation on the new design. Dif-
ferences in leading- and trailing-edge ordinates are then
used to calculate flap deflections which approximate the
designed camber surface. The flap deflections thus

~_ obtained are not necessarily optimum deflections but

S~ only approximations. Iterative use of the AERO2S evalu-
ation code can help provide a better estimate of true opti-
mum deflections. Generally, the code user finds it
necessary to modify the code-generated spanwise deflec-
tion schedules to correspond to practical flap segmenta-
tion schemes.
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7.9. Design in Presence of Interference Flow intended for use at supersonic speeds where the influence
Fields of the nacelles is confined to a relatively small area of the
The WINGDES computer code now permits the wing near_the _tra|I|ng edge as shown in sl_«_etch 7-16. The
. o . . reflex design is performed by use of trailing-edge sur-
design of a wing lifting surface with flow fields of other . .
. faces corresponding to the affected area which must be
airplane components such as fuselage, nacelles, or

canards taken into account. This design may be accom—SpeCiﬁed by the user. When the reflex surface design

plished by the addition of a table describing the interfer- option'is used,'the usual s.urface'ordlnates are replaceq by
o . set more tailored to this particular problem. For this
ence pressure distribution on the wing surface generate ; i )
. . - Jdesign, trailing-edge camber surface ordinates are
by the other airplane components. This pressure field ~.
. NN . defined by
enters into the optimization process but, unlike the other

loadings, remains unchanged throughout the design Y e,
process. Z = k(Ci) (X —C+ )

The interference pressure field must be supplied by  The code exponent defaults are as given in the fol-
the user. Normally, these pressures are found by the uskwing table:
of some other aerodynamic analysis code capable of han-
dling the designated airplane components. Most times,

two computer runs of this other code are required; one Surface g e
has all the airplane components represented, and th 11 1.0 15
other has only a mean camber surface that matches gs 12 1.0 2.0
closely as possible the fixed input camber surface 13 2.0 15
(surface 1) of the wing design code. The interference 14 2.0 20

pressure field for the wing design code is then defined as
the difference between these two loadings. By using the.l_
appropriate WINGDES options, the design surface may
include only the wing outboard of the wing—body junc-
ture or it may include the complete lifting surface, in
which case a new fuselage camber surface is generated

his definition provides a design reflex surface reason-

ably well matched to the pressure fields generated by

nacelles with a continual growth in cross-sectional area

from the lip to the last station affecting the wing surface.

‘With the choice of only four candidate surfaces, a
When an interference pressure field is employed in detailed design cannot be expected. Actually, a detailed

the lifting surface design, normal forces generated bydesign with more undulations in the surface may be self

that field influence the wing design and are included in defeating if it leads to boundary-layer separation.

the listed wing forces and moments for the code design

mode. For the code evaluation mode, these forces are 7.10. Supersonic Empirical Corrections

excluded. Proper values of lift, drag, and suction parame- A study of the application of the WINGDES code to

toenrl f?fr etlrl]?o?ggrse Z?]?ggg go?ﬁggggﬁgnﬁi@bﬁ foorl]Jenr?t the design and analysis of wings for supersonic speeds
y 9 y P reported in reference 6 led to the development of empiri-

are taken into account. In the a_bsence of accurate_ aX'al'cal corrections which have now been incorporated in the
forces as well as normal-force increments, exclusion of

both increments can be expected to give a more realisti code. Extensive comparisons of theory and experiment

erformance estimate than inclusion of one or the other for twisted and cambered wings reveal a_consistent
P " pattern in which maximum suction parameter is overesti-

A special code option provides for the design of a mated by the linearized theory, and the required surface
reflexed surface in the vicinity of engine nacelles to take for given flight conditions is less severe than that given
advantage of the nacelle pressure field. This option isby the linearized theory. Analysis of data including pres-
sure distributions indicates that an unrealistic theoretical
prediction of the magnitude of the wing upwash field is
the primary cause of the discrepancy and that the use of a
theoretical design lift coefficient less than the desired
operational lift coefficient offers an appropriate correc-
tion for linearized theory design methods. A further
analysis of the data led to the development of an empiri-
cal method for the selection of the proper design lift
coefficient and for the estimation of achievable aerody-
namic performance. The empirical factors derived in
Sketch 7-16 reference 6 are shown in figure 20.
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Use of the plots of figure 20 in selecting a design lift 1~
coefficient and estimating wing performance may be / Envelope
summarized as follows. First, for the selected design =g *->- = ==
Mach number, use the factBiyesfrom the top plot to
define a replacement design lift coefficient:

S50 / c
— L,des

(CL,desgrep - KdesCL,des 0
for use in the computer code definition of the lifting sur- 08
face ordinates and theoretical performance including —1|— | 16 |
(SSmaX)th. Then us&gfrom the bottom plot to estimate 0 1 o
the maximum suction parameter cL

(SS,max)emp = KS(SS,max)th,b Sketch 7-17

*+[Ssih— (S n)p] ‘K c

des™~L,des

that can actually be achieved. The code value of
(Ssmaxthp Used in this expression is taken as the value
at (C| gedrep €ven though(C, 4edrep  differs from

CL des As illustrated in sketch 7-17 for a wing design
family of various values ofC| 4es there is very little
variation of Sg 5 WithC . This expression is some-
what different from that used in reference 6. The changes
were made to make the empirical correction more appro-
priate for wings designed to take advantage of attainable
thrust. Such designs have less severe camber surfaces
and can be expected to have less severe drag penalties
than those given by the original method.

The first change is the application 6§ to a suction
parameter that represents only forces due to the basic
pressure loading, not the total forces with attainable
thrust and vortex forces included. The wing designs
employed in wind tunnel tests that supplied data for
establishment oKg did not account for the presence of
thrust or vortex forces and, in fact, prevented the attain- Sketch 7-18
ment of any significant contribution of these forces at
design conditions. The wing twist and camber were
designed to produce leading-edge surfaces aligned wit

theoretical leading-edge thrust begins to be Igtdss
han 1.0) and vortex forces begin to develop. The net

that it f nclusi f attainable thrust benefits i Fesult is that a maximum theoretical suction parameter is
at resuft from inclusion ot attainabl€ thrust benetits In 4 cpieyed at or neaC( gedrep At the design condition

the design process, the.drag penaltie_s .ShOUId be IeSéL des Where the wing with reduced twist and camber
severe. The empirical estimate takes this into account byres'ulting from attainable thrust considerations actually

applying the_ factor to a suction parameter.representing perates, the drag reduction due to attainable thrust and
only the basic pressure forces and by handling thrust an ortex force contributions is even greater than at

vortex contributions separately. (CL,dedrep At the higherCy, the stronger upwash field

The second term in the previous expression repre_results in a larger theoretical leading-edge thrust. The
sents the contribution of thrust and vortex forces. As decreasing attainable thrust factrand the increasing
shown in sketch 7-18, which depicts typical code results, theoretical thrust compensate in such a way that keeps
suction parameter increases (drag decreases) due to tHBe suction parameter increment nearly constant. Thus as
presence of attainable thrust at the code replacemenghown by the typical code results of sketch 7-18, the drag
design lift coefficient. For an idealized design, attainable reduction of the design lift coefficient can the approxi-
thrust is equal to theoretical thrust for a limited range Mated by assuming the suction parameter increment
of lift coefficients up to € gedrep Beyond that point,  Ssth~ (Ssibat (Cr dedrepis applicable a€; gesas well.
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This revised empirical method for estimating achievable empirical suction parameter (assumed to be constant over
suction parameters should provide a better estimate fom range ofC,) and by adding an incremental suction
wings designed to take advantage of attainable leadingparameter representing the attainable thrust and vortex
edge thrust. For wings designed without thrust consider-force contribution. In equation form,

ations (leading-edge surfaces aligned with local upwash),
the revised method gives results that are little different 1-K

from those obtained by use of the original method. Ssemp (SSth)b‘ ~ S)(Ss’max)th'b

des L
The empirically corrected drag coefficient at the +[Sgh— (SSth)b]‘
design lift coefficient can be estimated by use of the KaeCr
expression

As indicated by this expression, for a given both the
L des suction parameter associated with basic pressure load-
(CD,degemp: Cpoot AR T [1_(Ss,max)emp] ings and the increment associated with attainable thrust
and vortex force contributions are found from code
O Cl des CE de results for a different and lower lift coefficieRtjeLC; -
X[C| jestan C’ _W’R— This correction as now implemented in the WINGDES
O Lq O code, for both the design and evaluation mode, incorpo-

which is derived from a rewriting of the suction parame- rates a procedure to identify the optimum lift coefficient

ter definition. The lift-drag polar near the cruise lift coef- (Citoopt and  the maximum suction parameter
ficient may be approximated as (Ssmaxthp used in defining the empirical correction.

This procedure is used to represent as accurately as pos-

2 sible the aerodynamics of the surface being analyzed,
C = C 4 —E which in the design mode may not represent a fully opti-
D.emp = D.0 " AR mized surface for the specified design conditions.
c, c? Sketch 7-19 illustrates a typical application of the
+(1- SSemp)m:L tan—-—— LE procedure.
CL, TARQ

When applied to wings designed without consider-
where for anyC, the suction paramet&s emp  is found ation of attainable thrust or vortex forces (including the
from the curve for the uncorrected co(fsh),, for a wings used to supply data for establishment of the empir-
value ofC, equal toK4estimes the actual; . The param-  ical corrections), the revised method gives only slightly
eter is corrected for the overestimation tendency by sub-higher estimates of performance than the original method
tracting an increment between the theoretical andbut still has good agreement with experimental data. For

Ssth
Gstb

- (CL twb,opt
v Ssnblkc,

----- —= ez Smadne
Empirical estimate, SS,emp

T Gsindblkee, ==K Ssmadinb
Ssth ~ Ssmblkc,

Sketch 7-19
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wings designed to take advantage of attainable thrust, the
revised method predicts performance noticeably greater
than that given by the original method. This expectation M =205; R=2.0x 10°
is reasonable because the milder surface of that design
would be expected to suffer less from nonlinear penalties
associated with twist and camber. However, additional 6
wind tunnel data are needed to validate the application of
the present correction to that type of design. 5

Revised method envelope

Origina method envelope

The nature of the differences between the revised
and original empirical method for typical code results 4
may be seen in sketch 7-20. The data shown are fdr a 70
swept leading-edge arrow wing designed for a series of S5 3
design lift coefficients at a Mach number of 2.05. The
wing sections had a maximum thickness ratio of 0.03 at 2+
the 50-percent-chord station, and a standard leading-edge
radius index of 0.3. Dashed-line curves show code- =
revised empirical estimates for design lift coefficients of
0.04, 0.08, 0.12, 0.16, and 0.24. The solid-line curve 1 1 I
labeled “Revised method envelope” shows the depen- 0 1 2 3
dence of the estimated suction parameter on the severity CL
of the twist and camber as dictated by the design lift
coefficient. For the original method, the envelope gives a
constant value of about 0.4 for all design lift coefficients
including 0.0, which corresponds to a flat wing. But, This strategy provides a design moment@{f yedrep
code evaluation results for a flat wing show suction which in combination with a moment increment due to
parameters at low lift coefficients that are considerably the difference betweel| jqq ar(d:,_'des)rep yields
greater. With the original method, the user was advisedthe desiredC jos €| ges
to use discretion as shown by the following quote from
reference 6:

Sketch 7-20

Although wing design codes provide for the design
of surfaces meeting specified moment constraints, this

“For small values ofC| 4eq the factor will capability .should be' usec.i. cautiously .for supersonic
properly define the mild surface required, but cruise vehicles. The imposition of seemmgly mild con-
application of the factoKg may underestimate straints f'oiCm’deS can have large detrimental effects on
the performance. The suction parameter for a lifting efficiency.

properly designed twisted and cambered wing
will not be less thargs for a flat wing at the
sameC, . For a better performance estimate, use
whichever value is greater.”

The empirical corrections outlined in this section
have now been incorporated in the WINGDES code as a
user option. In the design modéyesis used in the selec-
tion of a replacement design lift coefficient aKd is

The revised method eliminates the need for user inter-Us€d as a correction in the estimation of realistically
vention by providing a transition from the results for a achievable aerodynamic performance. This option may
flat wing at and nea€,_ = 0 to the corrected results at also be used in the evaluation mode to provide corrected
large design lift coefficients. A proper empirical correc- Performance estimates for wings designed by other meth-
tion should provide such a transition: only the shape of®dS: The correction is applicable to any wing design
the curve in the intermediate range of lift coefficients is Pased on wing shaping to utilize the upwash field in the

in question. The revised method seems to give a reasorf€COVery of leading-edge thrust that otherwise would be
able shape for this curve. lost. When using this correction to aerodynamic perfor-

mance, remember that the correction is primarily appli-
If the need to impose moment constraints on an opti-cable for a narrow range of lift coefficients on either side
mum combination of loadings arises, the following of the one where maximum suction parameter is
expression can be used to define a replacement desigachieved.
moment coefficient for use in the design code:
8. AERO2S Computer Code and Its Use

oC
(Crmdedrar = Crnd ___L“[ch —(C ged The theoretical concepts and the numerical methods
mdeSrep — TmMAes gC " -des dedrep outlined in sections 2 through 7 have been incorporated
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used to represent the wing lifting surface. The number

Actual planform and distribution of code elements are controlled by the
entries IBYMAX and ELAR. Figure 21 shows the results

— of a study of the sensitivity of the AERO2S code

JBYMAX numerical solution to the wing planform representation

for an aspect ratio 2 wing—body used for theoretical-
experimental correlations to be presented later. In this
figure, drag coefficient at a Mach number of 0.60 and a
represented lift coefficient of 0.30 are shown as a func-
8 tion of the element spacing in the spanwise direction,
JBYMAX, and the element spacing in the chordwise
direction, ELAR. The scale chosen for this presentation
is linear in the inverse of these quantities to enable an
12 extrapolation of results to those presumably attainable
— with a very large number of elements approaching
Sketch 8-1 infinity. For some selected data points, the number of
elements representing the complete wing (right- and left-
hand panels) is shown in parentheses. As shown at the
left of the figure, a reasonably stabilized solution is
obtained with JBYMAX of 12 or greater with the ele-
ment aspect ratio set at 2.0. As shown in sketch 8-1, a
JBYMAX value of 12 gives a much closer approxima-
JBYMAX tion to the actual planform of the wing—body than does
either a value of 4 or 8. The planform representation
should be a primary concern in selection of an appropri-
ate JBYMAX value. At the right of the figure, an ELAR
value of 2.0 to 4.0 is seen to be sufficient to give a rea-
sonably converged solution for both the flat and twisted
and cambered configurations.

4

Actual planform

\

4

Additional information on choice of wing numerical

8 representation was obtained for a cranked-wing super-
sonic fighter used in a later example of theoretical-
experimental correlation. In a manner similar to that for
the previous configuration, a study of the sensitivity of
the numerical solution to the lifting surface representa-
tion was conducted. As shown in figure 22, a JBYMAX
into two computer codes: one primarily for analysis and yajue of 8 and an ELAR value of 4.0 were found to be
analysis code and its use. drag coefficient values for the representative lift coeffi-

The wing analysis computer code AERO2S provides Clent of 0.8 at a Mach number of 0.50. Sketch 8-2 con-
a subsonic analysis of wing—canard and wing—horizontalfifms the conclusion that a JBYMAX of at least 8 is
tail combinations that may employ wing leading- and requweq for pI_anfqrm representation. The selected ELAR
trailing-edge flaps. The numerical method is based on©f 4.0 in conjunction with a JBYMAX of 8 places an
linearized theory potential flow solutions for a lifting sur- average of 4.3 elements between the wing leading edge
face with zero thickness represented by an array of horse@nd the flap hinge line. Generally two or more elements
shoe vortices. A solution by iteration rather than by Should be placed within the smaller flap chords of a
matrix inversion is used. The code also provides for andiven configuration. A formula given in appendix A
estimate of attainable leading-edge thrust and the force®rovides a means of estimating the average number of
caused by separated leading-edge vortices. A descriptiof¢/éments in a given chord.

of the code input and output data is given in appendix A.  For wing-body configurations, the code generally
gives better results, particularly in pitching moment,
when the body (or fuselage) is modeled as part of the lift-
Effective use of the AERO2S code requires that theing surface planform. The body camber is believed to be
user make an intelligent choice of the numerical modelmodeled best by mean camber surface ordinates—the

WAL

Sketch 8-2

8.1. Wing Surface Numerical Representation
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same representation used for the wing. This representa-
tion generally requires some graphical work to define
stations and ordinates for an airfoil section to represent
the lifting surface inboard of the wing—body juncture.
The mean camber surface ordinate is simply the halfway
point between the body upper and lower surfaces. This
procedure was used in generating numerical models for
the theoretical-experimental correlations shown later.

8.2. Vortex Force Options

The vortex force created when the flow about the
wing can no longer remain attached beyond the leading
edge can have a significant impact on aerodynamic per-
formance. The code user has some options for the calcu-
lation of this force, which are outlined in appendix A.
The default option (IVOROP = 1) has been found to gen-

. .. . -
e(ally give a vortex force prediction in better agreement y = NG
with experimental data than the other two options for o
wings with more than moderate sweep. However for Sketch 8-3

unswept wings and for two-dimensional wing sections,
option 0, in which the force acts at the leading edge, is

the appropriate choice. JPtae
The code user can also exercise a degree of control Yo ’\\
over the spanwise location of the vortex flow-field origin T
which can provide a better modeling of the vortex field N
for special planforms such as sweptforward wings. For a S~

typical sweptback wing with a curved leading edge, the
default option (YAPEX = 0.0) gives a vortex location as
shown in sketch 8-3. As shown, the vortex center (indi-
cated by the dot) moves away from the leading edge as it
progresses from inboard to outboard locations. As can
happen in real flow, for the most outboard station shown,
the vortex center is aft of the wing trailing edge. A vortex
center track, the dashed line, can be formed by connect- Sketch 8-4

ing the dots. For sweptforward and M-wings, a better

representation of the vortex is given by using the proper

value of YAPEX as shown in sketch 8-4. Because the The optimization process involves the construction of
vortex center track extends on both sides of the YAPEX performance contour maps with data from multiple runs
location, this option cannot be used indiscriminatingly.  of the code covering a matrix of deflection-angle sched-

The AERO2S code has recently been modified to ules. For wings which have only a single leading-edge

id lution for two-di ional airfoil " flap angle and a single trailing-edge flap angle, the
provide a sofution for two-dimensional airtol SECUONS. =, ;4 may represent the angles themselves. If the flap
The primary purpose of the modification is to provide

a simplified means of recalibrating the method for deflections are described by a schedule of flap angles that

L E . vary with nwi ition, the matrix shoul m-
predicting attainable thrust should the need and opportu- ary with spanwise position, the matrix should be co

nity arise. The procedures used to conduct such ﬁosed of multipliers of the tangents of the angles which

librati th hiv di din ref 7 re used to create flap-angle schedules. Generally, a new
recalibration are tnoroughly diSCUSsed In reference 7 an omputer code run should be made each time the angle
are treated briefly in appendix A.

(or the angle schedule) is changed. The code provides for
generation of a matrix of data in a single run as outlined
in appendix A. This capability, however, should be used

The AERO2S code does not provide any direct only for small flap deflections—angles small enough so
design capability; however, information supplied by the that little difference exists between the tangent of the
code may be used in an optimization process for theangle and the sine of the angle. Where there is doubt, the
selection of leading- and trailing-edge flap deflections. safe approach is to use multiple runs.

8.3. Optimization Capabilities
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The first step in the construction of performance & factor
contour maps is the preparation of plots such as those le
shown in sketches 8-5 and 8-6. Suction parantjés
plotted as a function of both leading- and trailing-edge
factors. Data points from the code represented by the
dots are faired to provide a family of curves. These two
plots, in combination rather than a single plot, provide Ss
more data for construction of contour maps and also aid
in the detection of errors which might mar the results.
The dashed-line curve in the sketches connects maxi-
mum suction parameter points from each of the faired
curves. The maximum value of the dashed-line curve
indicates the peak suction parameter and the deflection
angle at which it is reached. Sometimes this may be the
only optimization information needed. If however, as is
generally true, there are constraints on the design (for
exampleg,, or a), contour maps are also required. '

Sketch 8-7 illustrates the construction of one contour '
line that would appear in a complete map. This sketch \
shows, as an example, a contour line3gr 0.72. The \ 072
dots represent points f&s = 0.72, which were taken ‘ K
from sketches 8-5 and 8-6 at the intersection of each
curve with the line foSg= 0.72. These points alone suf- 5 factor 1 |
ficiently define a closed circuit along which the suction Teea
parameter remains constantSat= 0.72. In other situa-
tions where the dot array is meager, the dashed-line -
curves of sketches 8-5 and 8-6 provide additional infor-
mation to help define the contour. These dashed-line

curves transposed to sketch 8-7 show locations where the \

contour line when crossing the location must be parallel | '\ |
to the plot axes. Other contour lines are constructed in a 0 1 2
similar manner to produce complete maps such as those 8, factor

shown in section 11.2. These maps permit identification

of the estimated maximum suction parameter and the Sketch 8-7

required deflection angles. As shown in one of the exam-

p!es _of code application, other contour lines such asg \WINGDES Computer Code and Its Use

pitching moment or angle of attack can be added to the

plots to provide for the selection of maximum perfor- The theoretical concepts and the numerical methods
mance subject to appropriate design constraints. outlined in sections 2 through 7 have been incorporated
into two computer codes: one primarily for analysis and
the other primarily for design. This section discusses the
design code WINGDES and its use.

The wing-design code WINGDES generates an opti-
mized twisted and cambered lifting surface for a given
wing planform operating at specified flight conditions,
provides the corresponding lifting pressure distribution,
and gives wing force and moment data. The code pro-
vides an analysis of the designed surface and may be
operated in an analysis-only mode. Supersonic and sub-
sonic speeds can be handled, but it is not a code for tran-

0 1 2 sonic speeds. Because the solution is based on the use of
8, factor candidate surfaces, it can provide a twisted and cambered
surface restricted to specified wing regions (a mission
Sketch 8-5 adaptive design) as well as whole-wing design. The code
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also provides for the design of leading- and trailing-edgedrag coefficients at a Mach number of 2.40 for a repre-
flaps to approximate the shape of mission adaptive cam-sentative lift coefficient of 0.12 are shown as a function
ber surface designs and to approach their performanceof element spacing in the spanwise direction. For both
The actual performance of wings with flaps should be the flat and the twisted and cambered wing, a reasonable
evaluated by use of the AERO2S code, which is not lim- convergence is obtained for JBYMAX of 25 or more. For
ited by the mild camber surface assumptions necessaryhis example, JBYMAX of 40 was used. A safe proce-
for the design code. dure is to use the code maximum value of 50. The super-
sonic solution runs quite fast and there usually is little

The numerical method is based on linearized theorytime penalty for the additional spanwise elements.
potential flow solutions for a lifting surface with zero

thickness represented by an array of horseshoe vortices. The design procedure employed in the code is
A solution by iteration rather than by matrix inversion is intended to provide the mildest possible camber surface
used. The code also provides for an estimate of attainabléhat yields an aerodynamic lifting efficiency comparable
leading-edge thrust and of the forces caused by separatedith that of a flat wing with full theoretical leading-edge
leading-edge vortices. Attainable leading-edge thrustthrust by using to the fullest extent any thrust that may
considerations play a direct part in the design processactually be developed. For such a design, the upper limit
but vortex force estimates do not except for a reductionof the range of full thrust is made to coincide with the
of design lift coefficient (and camber surface severity) design angle of attack. For a more conservative design,
caused by the vortex lift contribution. A description of one more comparable with previous design methods such
the code input and output data is given in appendix B. ~ as reference 10, an alternate approach may be taken. In
this alternate approach, the wing design is performed
with TBTOC and TBROC set to zero for the entire semi-
span. After the design run, a second run with actual val-
As with the AERO2S code, the user must make anUues of TBTOC and TBROC is performed to estimate the
informed choice of the numerical model used to repre-Wing performance. For this design, the range of attain-
sent the wing lifting surface. For subsonic speeds, theable_z thrust p_ro_vujes a factor of safety on either side of the
controlling code entries JBYMAX and ELAR may be design to minimize the effect of failures of the design
selected according to the guidelines for the AERO2SProcedures to properly match the surface to the upwash
code offered in section 8. For supersonic speeds the usételd in the vicinity of the leading edge.
has no control over ELAR which is set to a default value For wing spanwise stations at which the leading edge

of 1.0B. The remaining control, JBYMAX, must be set is supersonicl{ cot A, > 1), no theoretical leading-edge

o a vaIu_e large enough to ensure convergence, Wh.'CQhrust is developed and the range of full thrust is zero. In
typically is much larger than that required for_ _sgbsonlc the design process, however, the code still makes use of
speeds. Sketch_ 9-1 shows re_sults of a sensitivity .StUdythe calculatedd,, v,vhich for ,a twisted and cambered
for a Supersonic transport wing used for thgoretlcal— wing is generally not zero. For this situation the value of
experimental correlations in section 11.4. In this sketch,o(Zt may be considered to represent the zero leading-edge
loading condition resulting from an alignment of the
leading-edge surface with the local flow ahead of it.

9.1. Wing Surface Numerical Representation

ﬁ Maintenanpe of t_he same flow alignment condition, as
10 8 6 4 2 0 for subsonic leading edges( + ai = aq4ed, Was found
010 I I I T | to yield a more efficient surface than other strategies and
O O O O 0O0Q -weeennee was adapted for supersonic leading edges also.
.008
g o B Poom.... 9.2. Design Surface Options
Cp e For the design code, the body (or fuselage) may be
004 - o Flat modeled as part of the lifting surface, a procedure
o Twisted and cambered described in section 11. This modeling generally pro-
ok & s ) vides a more accurate pitching-momgnt prediction for
' N S 3 analysis purposes. However, for design problems, the
T T T highly swept leading edge at the wing apex and the large
oL . .
10 20 40 00 root chord can introduce exaggerated wing surfaces that
BYMAX are not practical for realistic airplanes. Sketch 9-2 illus-
trates the nature of the design surface obtained by use of
Sketch 9-1 code default options for a wing—body design problem.
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The leading-edge surfaces cover all the planform with a
chord equal to the wing root chord at all span stations
(the code default). General camber surfaces also cover
the entire planform. No trailing-edge surfaces are used.

As shown in the sketch, for a normal design, the wing

root chord has a larger incidence than that of a flat wing Sketch 9-2
developing the same lift. This larger incidence occurs

because the leading-edge surface changes required for

thrust recovery also result in a loss of lift that must be
compensated for by increasing lifting forces elsewhere.
The wing code provides a number of options which Ybody ———= —

can be used to control the character of the designed sur-
face. For special design problems, the user may want to Sketch 9-3
explore various alternate design approaches. For exam-
ple, to reduce the incidence of the wing root chord and
the cabin floor angle, the general design surfaces may be Co |
Ce
///

restricted to the wing outboard of the wing—body junc-
ture by use of the entry YFUS. As shown in sketch 9-3,
this results in a much reduced body incidence. If the
leading-edge surface default chords are retained, as in
this example, the body centerline actually has a slightly
negative local angle of attack relative to the wing refer-
ence plane. However the local angle of attack of the wing Sketch 9-4
surface just outboard of the wing—body juncture may be
larger than that of the original design to compensate for
the loss of lift generated by the body. This alternate lifting surface after the design of the surface and before
design procedure can be expected to produce a drag pemvaluation. As described in appendix B, a table of
alty, and a problem may occur in the mating of the wing changes for wing trailing-edge ordinates, TDELZTE,
and body. alters wing airfoil sections to produce a desired trailing-
, , o edge shape without appreciably affecting the leading-
Another design option that may be explored is illus- edge thrust recovery design. An example of such a
trated in sketch 9-4. For this design, the general surface%hangle in trailing-edge shape is shown in sketch 9-5.
are completely eliminated by setting NGCS = 0, and This procedure offers a powerful means of controlling

trailing-edge surfaces are substituted to perform theirihe wing shape but again with possibly large drag
functions. Trailing-edge surface chords can be selectedyepgyties,

as zero inboard at the wing—body juncture and to change

from zero at th_at location to values approachin_g or eq_ual— 9.3. Mission Adaptive Design

ing the local wing chord at more outboard stations. Like- ,

wise, leading-edge surface chords can be selected to be The WINGDES code provides for an automated
zero inboard of the wing—body juncture and to changedesign of mission adaptive wing surfaces. In this design
from zero at that point to larger values at more outboardProcess, only portions of the wing defined by leading-
stations. As shown in sketch 9-4, the leading-edge chord$dge and trailing-edge design areas enter into the design.
may be larger than the local wing chords. In fact, large The rest of the wing remains as defined by the camber
leading-edge area chords are generally desirable. Théurface input tables. This original camb_er surface may b_e
code default gives values equal to the wing root chord.inPut by the user, may have been retained from a previ-
Although these values are probably larger than those forPUS design run, or may be the program default (a flat sur-
a true optimum, they produce good performance andface). Sketch 9-6 shows a wing—-body with designated
avoid problems that might occur with chords that are too /€ading- and trailing-edge design areas. The numerical
small. As shown in the sketch, this procedure alters the'éPresentation of the wing surface (JBYMAX and

character of the design surface and offers another desigffLAR) should be chosen so that a sufficient number of
choice with its own drag penalty. elements are within the leading-edge surface chords and

the trailing-edge surface chords to adequately define the

Another strategy the code user may employ to con- sometimes highly curved designed camber surfaces. The
trol the shape of the wing surface is use a table of incressmallest nonzero chords should accommodate two or
ments for wing trailing-edge surface ordinates to alter themore elements. Appendix B gives a formula which may

_—
-
-

-

37



Sketch 9-5

Ce
CIe > ||

Sketch 9-6

be used to estimate the number of elements in a given
chord. For the mission adaptive design, the number of

general surfaces must be set to zero to prevent camber
surface changes outside the designated design areas.

9.4. Flap System Design

The WINGDES code may also be used in the design
of low-speed flap systems. This option (activated by
setting IFLPDES = 1) uses an automated flap-fitting
technique, which is described in reference 3 and in sec-
tion 7.8, applied to an appropriate mission adaptive
design. When the flap design feature is used, leading-
edge and/or trailing-edge design surfaces must be used,
and NGCS must be set to zero. The chords of these sur-
faces are input as the chords of the flaps. The code then
designs a restricted area camber surface for leading- and
trailing-edge areas whose chords are set at 1.5 times the
flap chords. The original camber surface (a flat surface or
a milder camber design such as for supersonic cruise) is
then superimposed by rotation and translation on the new
design. Differences in leading- and trailing-edge ordi-
nates are used to calculate flap deflections which approx-
imate the designed camber surface. Note that the flap
deflections thus obtained are not necessarily optimum
deflections but only approximations. The code aerody-
namic characteristics do not apply to the configuration
with flaps but to the smooth designed surface from which
the flap geometry was derived. For subsonic cases, use of
the AERO2S code can help provide a better estimate of
true optimum deflections and the flap system aerody-
namic characteristics. See table ll(e) for an example of
flap design code input.

For the design of mission adaptive surfaces and the

region of the wing trailing edge. This underemphasis
results in only a small penalty in theoretical performance
because the wing leading-edge shape is still proper for
the design conditions. As a practical matter, however,
additional loading of the trailing-edge surfaces reduces
the need for leading-edge camber which introduces drag
penalties not fully covered by the linearized theory. A
recommended procedure that uses trailing-edge camber
and/or flap deflections to increase the theoretical perfor-
mance and produce a more practical design is as follows:

1. Perform a whole-wing design for the entire wing

planform at the design lift coefficient, Mach
number, and Reynolds number. Use no moment
restraint if performance alone is the concern but
specify a design moment if trim conditions must
also be considered. This design provides an indica-
tion of performance potential and aids in the selec-
tion of local design area chords within limitations
imposed by wing structural restraints. Generally,
chords should be as large as structural consider-
ations allow; however, the whole-wing solution
sometimes shows areas where leading-edge design
area or flap chords may be reduced or eliminated.

. Perform a restricted area wing design for the same

flight conditions and for a moment coefficient
Chdesat the design lift coefficient as given by the
whole-wing solution. Imposition of the design
moment ensures that adequate consideration is
given to trailing-edge contributions to lifting effi-
ciency. For a mission adaptive design, input the
desired area chords subject to the considerations
discussed in the first step. To perform a flap design,
input a design area chord equal to the actual flap
chord and activate the flap design (FLPDES) fea-
ture of the code to provide a spanwise flap deflec-
tion schedule.

. For flap designs, examine the code output flap

deflection schedule and modify it as necessary to
meet design restraints such as those imposed by
spanwise segmentation. Also, because the theoreti-
cally recommended deflections are only approxi-
mations and not true optimums, experience may be
applied in modifying results, particularly in reduc-
ing large indicated angles. For subsonic speed,
application of the wing evaluation code AERO2S
to the selected flap system helps in defining more
accurately the optimum deflections and the flap
system performance.

selection of flap geometry, a straightforward application An alternate process for making the design moment
of the code tends to underemphasize the contribution ofselection is given for the supersonic transport low-speed
loadings provided by the camber surface or flaps in theflap design in section 12.2.
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9.5. Design by Iteration a wing design with values af, and Aag shown in
rsketch 9-8. Inboard of the 30-percent-semispan station,

In addition to the preceding strategies, the code use ; ;
may make wholesale changes in the wing surface by creEhe range of full thrushay, is greater than the design

ating a new set of wing surface ordinates with extensiveangle of attdack,tand no c?mfber OLtW'St c'jstre.q;“(;.e?' tHgV\l;
modifications evaluated by using the analysis mode ofer:/er%zFTQ de_ra_E aT“OU”h N cat;n ehr ag t\1NI3 i Ictated Dy
the WINGDES code. Design by iteration using the analy-t N Istribution shown by the dashed line gives
sis mode of the WINGDES code is highly recommended. 2" equaII_y good de_s|gn phase aerodynamic efficiency
The results of the analysis mode, not the design modeand prowdfes a design Slljrfaci thaT dqes nﬁt suffer ?s
must be accepted as the better estimate of actual aerodf—evere per olrma}nce penr? ties If eva u?tlon phase resuilts
namic performance. The design method provides candi-do not completely meet the design goals.
date designs but sometimes candidate design with serious
deficiencies for practical incorporation into practical air- 9.7. Design With Moment Restraints
plane configurations. The two modes of the code used in For the desian of a camber surface covering the
combination can help the designer evaluate designs in hole-wi | fg . hich ¢ traint 9
which aerodynamic performance is compromised as little WO'€-WING plantorm in which moment restraints are
as possible to satisfy other restraints. imposed, a stralghtfprward application of the code ylel_ds
a reasonable solution. However, for more than mild
9.6. Leading-Edge Surface Control moment restra_lints a some_what beFter performance is
obtained by using the following steps:
Code-determined weighting factors for the leading-
edge modification surfaces are subject to numerical inac- 1. Perform whole-wing design at design lift coeffi-
curacies which may produeerdinates that do not have cient, Mach number, and Reynolds number but
a smooth variation with respect to tiiedimension. In Impose no moment restraint.
addition to the leading-edge surface weighting factors
used in the design, the code also provides a listing of
suggested replacement values that, as described in
reference 5, may lead to improved performance. By
using this option (IAFIX = 1), the user may substitute a
smoothed set of leading-edge surface factors (TAFIX)
for the code-tabulated values. With the present code, two
runs are required: the first finds the nonsmoothed values

and the second operates with the smoothed values.

2. Perform second whole-wing design at same
conditions but with desired moment restraint; for
this case, also impose set of leading-edge surface

The table of suggested TAFIX values may some-
times show negative values. Negative values are pro-
vided to apply to design cases in which the initial surface -
is already twisted and cambered. If this initial surface has

. . 0 1
too severe a leading-edge camber for the new design Yy
conditions, it may need to be reduced, and a negative fac- b/2
tor is appropriate. For the usual designs (the code default, Sketch 9-7

for example), occasional negative values should be
disregarded.

When using the suggested replacement leading-edge
surface weighting factors TAFIX, one particular situa-
tion requires an additional explanation. For the standard
automated design process which attempts to achieve a
surface with minimum distortion from a flat surface, sug-
gested redesign TAFIX values may take on the appear- a
ance shown in sketch 9-7. Strict adherence to the
suggested distribution would produce a surface slope dis-
continuity that is neither necessary nor desirable. A bet- [ |
ter distribution is indicated by the dashed line. This 0 1
distribution not only provides a smoother surface but also =

. . - b/2

represents a design with a greater margin of safety. The
suggested TAFIX values shown in sketch 9-7 result from Sketch 9-8
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weighting factors TAFIX as defined in table of sug- surface provides an adequate definition. This option is
gested values given by first design (with appropri- activated by input of the index IREFL = 1.
ate smoothing).

. . . 9.9. Empirical Correction
This process will produce a more nearly optimum surface

in the critical leading-edge region. The required moment ~ An empirical method for selection of design lift

increment is supplied by the general surfaces coveringcoefficient and estimation of achievable aerodynamic

the entire wing. The leading-edge surface is thus com-performance for supersonic speeds described in

promised to a lesser degree by the moment requirement.reference 6 and in section 7.10 may be included in the
code calculations by input of the following index:

9.8. Interference Flow-Field Design IEMPCR empirical correction index (this index set to 1
implements empirical corrections; index set to

The computer code permits the design of a wing lift- .
P P g g 0, code default, bypasses this feature)

ing surface with flow fields of other airplane compo-
nents, such as fuselage, nacelles, or canards, taken intPhis correction adjusts the design lift coefficient to
account. This design may be accomplished by theaccount for the tendency of linearized theory to overesti-
addition of a table TCP and associated input datamate the magnitude of the upwash field for supersonic
(appendix B) describing the interference lifting pressure speeds. It also corrects the estimated aerodynamic per-
distribution on the wing surface generated by the otherformance to compensate for the tendency of the theory to
airplane components. This pressure field and the surfacée overly optimistic.
on which it acts, described by an input table, enter into
the optimization process but, unlike the other surfaces10, Drag Synthesis
and loadings, remain unchanged throughout the design.
Use of the WINGDES and AERO2S codes to predict

The interference pressure field must be supplied byaerodynamic performance for complete airplane configu-
the user; normally, it is found by the use of some otherrations is based on the assumption that estimates of other
aerodynamic analysis code capable of handling thedrag contributions may be obtained separately and
desired airplane components. Most times, two computercombined with estimates of drag due to lift in a simple
runs of this other code are required: one has all the airadditive fashion. The most accurate drag estimate of the
plane components represented and the other has only gomplete configuration would seem to require that all
mean camber surface that matches as closely as possibl@ajor drag contributions and possible interactions be
the fixed input camber surface (surface 1) of the wing taken into account. However, reasonable estimates of the
design code. The wing design code interference lifting drag may often be found without consideration of inter-
pressure field is then defined as the difference betweeractions because as discussed later the interactions are
these two loadings. By using the appropriate wing designoften negligible or tend to compensate for one another.
code options, the design surface may include only the ) ] )
wing outboard of the wing—body juncture or may include ~ Sketch 10-1 depicts a typical lift-drag polar curve

the complete lifting surface, in which case a new fuse-and shows the main contributions to the drag. For effi-
lage camber surface is generated. cient flight at a lift coefficient which maximizes the lift-

drag ratio, the drag due to lift is about one half the total.
The code permits a design of the wing camber sur-This contribution is estimated by the WINGDES and
face in the vicinity of nacelles which further optimizes AEROZ2S codes. The codes evaluate the drag by an inte-
the lifting efficiency of the wing by taking advantage of gration of pressures acting on the lifting surface and a
the pressure field created by the presence of the nacellecomputational process which accounts for leading-edge
The pressure field must be known and input as an interthrust forces. Linearized theory concepts also allow the
ference flow field TCP and associated input. (See appendrag due to lift to be separated into two fundamental
dix B.) The design is accomplished by employment of components: (1) vortex drag associated with the span-
trailing-edge wing surfaces TBTEC and associated inputwise distribution of the lifting force and the resultant
(appendix B) which represent in general the boundariesdownwash behind the wing and (2) wave drag due to lift
of the interference flow field. Trailing-edge surface associated with the longitudinal distribution of lift and
chords which adequately define effective boundaries ofthe resultant disturbance waves propagating into the sur-
the pressure field must be supplied by the user. Thisrounding air. This separation of drag-due-to-lift contribu-
option is used primarily for the design of supersonic tions can be of value in analysis of wing performance and
cruise wing surfaces. In this case, the intersection of anin the search for optimum designs; however, it is not a
envelope of Mach cones emanating from the nacelle lippart of the drag breakdown employed in the system dis-
with a plane representing an average wing cambercussed herein. A discussion of the use of far field or area
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rule concepts in design for drag minimization and for
estimating minimum achievable values of drag is given
in appendix C.

The WINGDES and AERO2S codes actually work
with forces perpendicular and tangent to a wing reference
plane rather than lift and drag directly. The relationship
between these forces is depicted in sketch 10-2. The use
of Cy andCj rather tharC; andCp permits a more ele-
mentary separation of the contributions to wing forces.
As shown in subsequent analysis, curve€pversusa
are particularly useful in comparisons of the performance
of a twisted and cambered wing with that of the corre-
sponding flat wing. The drag-due-to-lift contribution is
calculated by the WINGDES and AERO2S codes for lift-
ing surfaces with zero thickness which may employ twist
and camber and deflected flaps. Wing section thickness
enters into the determination of attainable leading-edge
thrust but is considered to generate no drag attributable to
the generation of lift.

The thickness- or volume-induced drag is considered
separately (not in the WINGDES or AERO2S codes).
This drag arises from thickness-generated pressure fields
acting on the configuration surfaces. It is generally calcu-
lated for a configuration without twist and camber at zero
angle of attack. Thickness pressure drag generally arises
only when the speed of sound is exceeded in some part of
the flow field.

For low subsonic speeds, the thickness pressure dis-
tributions on airfoils tend to have the form depicted in
sketch 10-3. Pressure distributions on bodies of revolu-
tion have a similar form. Because the airfoil generates
pressure disturbances that travel at the speed of sound, its
presence is felt well upstream of the airfoil itself. A stag-
nation point (zero velocity) at the leading edge is fol-
lowed immediately by an acceleration of the flow around
the leading edge. The low speeds in the vicinity of the
leading edge create the pressure peak shown in the
sketch. A second stagnation point at the trailing edge
which makes its presence felt well upstream decelerates
the flow to create maximum velocities and minimum
pressures near the airfoil midchord. The distribution of
pressures acting on the airfoil surface creates a thrust
force on the aft portion of the airfoil which counteracts
the drag force created by the forward portion. Thus in
idealized inviscid flow, no thickness pressure drag
occurs at subsonic speeds.

For supersonic speeds, the pressure distributions on
airfoils and bodies of revolution have a completely dif-
ferent character as depicted in sketch 10-4. The airfoll
shape shown here is similar to that shown in sketch 10-3
except for the elimination of any bluntness so that stag-
nation points are avoided to give a flow that is supersonic
everywhere. Here the pressure change associated with
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Thickness wave drag
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Skin friction drag rCpo
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the airfoil leading edge cannot propagate upstreamacting on the body surface would lead to a counteracting
against the supersonic free stream to influence the flowincrease in body pressure drag. The compensation might
ahead of the airfoil. Beyond the airfoil leading edge, the not be exact, but only a careful estimate of both of the

flow accelerates to higher velocities and lower pressuresopposing effects would yield a better estimate than

In contrast to that for subsonic flow, this acceleration neglecting the interactions.

continues all the way to the rear of the body or airfoil o )

because pressures generated by the trailing-edge deceler- Skin friction drag and the associated boundary layer

ation cannot propagate upstream; no warning of the comdoes not normally have a direct interaction with drag due

ing change is given. For an airfoil with fore and aft to lift. The primary influence of the boundary layer is

symmetry, the pressure jump or shock at the rear is equa@enerally to alter the thickness-induced pressure fields,
to that at the nose. For supersonic flow, no aft surfaceVhich. as just shown, tend to have only a small effect.

thrust is availabl_e to counteract the forward surface drag, However, under some circumstances, the normally
and a substantial thickness pressure drag is createdyyached houndary layer may separate from the configu-
Because the discontinuous rise in pressure which propagaiion surface. Such a major change in flow conditions
gates into the flow field surrounding the airfoil or body 414 have strong implications concerning the applicabil-
resembles the bow wave created by a boat, this drag cofty of prediction methods derived with an attached flow

tribution is often called wave drag. assumption. The most severe flow separation tends to

The thickness or wave drag contribution may be cal- occur at wing leading edges for wings without flaps
culated by methods described in reference 13. The comat large lift coefficients and for wings with deflected
plex of computing codes described in references 14 to 17eading-edge flaps at low lift coefficients. Correlations of
contains a code implementing the method of refer- €xperiment and theory (refs. 3 to 9) sometimes show sig-
ence 13. A new and efficient implementation of this nificant discrepancies for these conditions. But for an

method is available from the same source as AEROZ@fﬁCient flap system with deflections selected to mini-
and WINGDES. mize separation, the predicted performance generally

L . ) agrees reasonably well with the measured results.
The skin friction drag which must be taken into gypsequent discussions of some sample correlations
account for both supersonic and subsonic speeds may bgy ey why an attached flow method can be applicable to

calculated by methods described in reference 18, whichgetached flow provided that the separation is mild and
also are implemented in the complex of computing codes|gcalized.

of references 14 to 17.

The simplified analysis and synthesis of drag repre- 11. Examples of Prediction of Aerodynamic
sented in sketch 10-1 excludes interactions which generPerformance
ally are not large enough to be the cause of serious
concern. For example, all the experimental-theoretical Extensive correlations of code theoretical results
correlations of references 2 to 9 were made without con-with wind tunnel experimental results given in refer-
sideration of possible interactions between drag due toences 2 to 9 have provided a validation of the WINGDES
lift and either thickness pressure drag or skin friction and AERO2S codes. A few correlations are repeated
drag. The following discussion helps to show why in herein to provide the reader with examples that serve to

many cases these effects are negligible. illustrate the application of the codes to practical prob-
) ] ] ] lems of interest. Where necessary, theoretical results
The interaction between drag due to lift and thick- 5y heen updated to reflect the present status of codes

ness pressure drag is generally negligible for configura-\yhich have undergone continuous improvement.
tions with near vertical symmetry. Thickness-induced

pressure fields on the wing tend to be of equal magnitude In the correlation figures, an attached-flow
for the upper and lower surface. Any loss of lift on the computer-code solution that includes no leading-edge
upper surface is counteracted by an almost equal gain otthrust forces and no separated leading-edge vortex forces
the lower surface. Even for arrangements without verti-is shown by the short-dashed line. Code-estimated
cal symmetry, opposing forces are at work that result inforces, which include attainable thrust and the effects of
only small interaction forces. Consider a body of revolu- a separated vortex whose strength is determined by the
tion located below a lifting wing surface. For a body with Polhamus leading-edge suction analogy and whose loca-
a continually increasing radius, the thickness-inducedtion is given by delta wing empirical data (vortex
pressure field acting on the wing could create an appre-option 1), are shown by the solid line. For reference, drag
ciable lifting force leading to a significant reduction in upper and lower bounds are also shown. The theoretical
drag due to lift. However, the positive pressure field lower boundCD’0+(CE/T[AR) is the drag for a wing
below the wing associated with the generation of lift with an elliptical span load distribution and full

42



theoretical leading-edge thrust. A theoretical upper determination of attainable thrust is a critical part of the
bound Cy ,+C, tan(CL/CLG) is the drag for a flat estimation process.
wing with no leading-edge thrust and no vortex forces.

The drag ati = ¢° for a flat wingCp , was obtained _ For the twisted and cambered wing (fig. 23(b)), the
from experimental data wherever possible. aX|aI_-force curve is quite dlff(_arent. It is no longer sym-
metrical and has more negative values of the coefficient
11.1 Aspect Ratio 2 Wing—Body at moderate and large angles of attack. The theory indi-

cates that even without thrust, negative values of axial

A comparison of code results with experimental data force could be achieved. As might be expected, for equal
from reference 19 for both a flat and a twisted and cam-values of theoretical thrust, the fraction attainable for the
bered delta wing of aspect ratio 2 in combination with a cambered wing is not much different than that for the flat
simple body of revolution is shown in figure 23. The wing. The experimental increment in axial force at
wing incorporated a symmetrical 5-percent-thick NACA a = 0° is seen to be larger than the increment predicted
0005-63 airfoil section. The twisted and cambered wing by the code. As for the flat wing, there is a vortex contri-
was designed for a trapezoidal spanwise load distributionbution to the normal force. Again the theoretical and
at a Mach number of 1.53 and a design lift coefficient of experimental data have good correlation.
0.25. The data presented are for a Mach number of 0.61
and a Reynolds number of 3x010°. Input data used in 11.2. Cranked-Wing Supersonic Fighter
the AERO2S code analysis are given in table I(a). The
WINGDES code could also have been used for this  Reference 20 provides subsonic maneuver perfor-
example. Theoretical data shown in figure 23 was mance data for a cranked-wing supersonic fighter config-

obtained for JBYMAX = 12 and ELAR = 4.0. uration that employs deflected flaps rather than wing
. . _ twist and camber to enhance performance at high lift
The drag of a flat wing configuration at = (°, coefficients. Data were obtained for a matrix of leading-

Cp o Used in the theoretical analysis was obtained fromand trailing-edge flap deflection angles so that maximum
the axial-force data presented in figure 23(a). A propersyction parameters and optimum flap settings can be
value of Cp, 5 will reflect the type of flow (laminar-  ascertained and compared with theoretical predictions.
turbulent balance) present at lifting conditions. The The wind tunnel tests were conducted in the Langley
experimentalCp, (andC,) at = 0° of about 0.005 7. py 10-Foot High-Speed Tunnel at Mach numbers of
does not provide such a value. Likely a substantially 9.30, 0.50, and 0.70. The experimental-theoretical corre-
greater extent of laminar flow is present than at Iarger lift lations presented in the present report are for data gath-
coefficients. However, as shown in the axial-force plot, ered at a Mach number of 0.50 and a Reynolds number of
an appropriat€c , can be found by fitting the theoreti- 2.9 x 10°. The presence of flaps dictates the use of the

cal curve given by the code to the experimental data ovelnAERO2S code, and the AERO2S input data are given in
a range of angle of attack near 0°. The valueCp, ; = table I(b).

0.0073 given by this process was used in the theoretical
predictions. See reference 7 for a more complete discus-  Figure 24 provides representative data for the longi-
sion of the process used to fimbyo from experimental tudinal aerodynamic characteristics for the flap system
data and examples of its application in theoretical- depicted in the sketch at the top of the figure with
experimental correlations. leading-edge flap deflections of,015°, and 30 and
o ] ] trailing-edge flap deflections of°01(°, and 20. The

In examining the axial force for the flat wing, nearly flap deflection pairings shown in figures 24(a), (b),
full thrust is seen to develop over only a small range Qf and (c) were selected to give near optimum performance
angle of attack, and only a small portion of the theoreti- (subject to limitations imposed by the constant leading-
cal thrust develops at the largest angles shown. Thesgge deflection angle measured normal to the flap hinge

present method gives a reasonable estimate of the thrusfe) at Iift coefficients of about 0, 0.4, and greater
actually produced. Because of the failure to producetnan 0.8, respectively.

thrust, a separated leading-edge vortex would be

expected which in turn would produce a nonlinear The theory generally predicts the measured perfor-
increase in normal force. The normal-force data indicatemance reasonably well for the undeflected and moder-
that such a vortex force actually is present and is pre-ately deflected flaps (figs. 24(a) and (b)). However, for
dicted by the present method. The present method is seetihe severely deflected flaps (fig. 24(c)), noticeable dis-
to provide a good estimate of the lift-drag performance of crepancies appear between experiment and theory for
this wing—body combination. The limits for no thrust and both high and low lift coefficients. The following discus-
full thrust provide a broad range of aerodynamic perfor- sion helps explain the sources of discrepancies between
mance possibilities, and thus a reasonably accurategheory and experiment that can sometimes arise.
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In the actual flow about flap systems, there may be occur; however, there is little or no loss of normal force.
serious departures from the idealized flap behavior dis-At angles of attack large enough to prevent reattachment
cussed in section 7 which outlined wing camber surfaceahead of the trailing edge for much of the wing, a loss of
and flap system design. These departures may be greaterormal force as well as an increase in axial force occurs.
than those caused by mild leading-edge flow separation,These changes bring about drastic losses in performance.
which permits a predominantly attached flow. An exam- At an angle of attack sufficiently low to cause a separa-
ple of the use of axial- and normal-force data in assessingion on the lower surface that originates at the wing lead-
the nature of departures from attached flow with vortex ing edge and reattaches ahead of the trailing edge, axial
separation as calculated by the AERO2S computer coddorce is reduced but normal force has little or no change.
may be described with the aid of sketches 11-1 and 11-2For this situation, performance with separated flow may
These data represent a wing-flap system that is operatingpe better than theoretical performance with attached
in a predominantly attached-flow manner for the middle flow. At even lower angles of attack, the separated flow
portion of the range of angle of attack shown. However, may not reattach ahead of the trailing edge and the nor-
more severe flow separation occurs at higher and lowemal force is more positive than for attached flow. In the
angles of attack. At an angle of attack large enough tonumerous examples of theoretical and experimental data
cause the separated flow on the upper surface to reattactorrelation given in references 3, 4, and 9, there is only
aft of the leading-edge flap hinge line but ahead of thelimited evidence (primarily the present case) of separa-
trailing edge, a decrease in distributed thrust on thetion at high angle of attack for reasonably efficient flap
leading-edge flap surface and an increase in axial forcesystems at lift coefficients below about 0.8. An analysis

conducted in reference 3 indicated tlﬁgt’n = 20° and
6te’n = 15° would be more nearly optimum for the
p C, = 0.8 design condition. This example with
O n = 30° andd,, , = 20° was chosen specifically to
demonstrate the nature and causes of discrepancies that
_ P can occur. The collection of theoretical-experimental
N, correlations in the references showed many examples of
N\, &% separation at low angles of attack for highly deflected
flaps.

N The data in reference 20 provide sufficient informa-
tion for the construction of an experimental performance
map for comparison with an analysis code performance
'\ map as shown in figure 25. The contours represent suc-
— : tion parameters for a lift coefficient of 0.45. The code
predicts reasonably well the peak suction parameter and
a the deflection angle at which it occurs. Both leading- and
trailing-edge deflections are required for peak perfor-
mance. At the larger leading-edge flap deflection angles,
the experiment shows poorer performance, perhaps
because of hinge-line separation. Also, a poorer mea-
Q sured performance occurs for the wing with undeflected
& flaps than is predicted by the code. This discrepancy may
be caused by, at least in part, a failure of the leading-edge
B L"o separated flow to reattach ahead of the wing trailing
ya edge, particularly on the wing outer panel. The important
L/ point, however, is that a€, = 0.45 the flap system
7\ .

Sketch 11-1

performance almost matches theoretical expectations;
v this indicates that the flow there is predominantly

CN
L V* attached.

| : The behavior of the contour map data for this wing
. ya points out a difference in the effects on performance of
I_ separated flow in the leading-edge flap region and
separated flow in the trailing-edge flap region. Flow
separation from the trailing-edge flap surface is much
Sketch 11-2 less likely to cause performance penalties than flow

a
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separation from the leading-edge flap surface; this can be
illustrated through the use of sketches. Sketch 11-3
shows the relationship between lift and drag changes on
the wing as a whole to be the result of a change in the
trailing-edge flap loading. If changes in flow conditions
such as those induced by changes in Reynolds number
cause loading changes restricted to the flap itself, incre-
mental changes in lift and drag are related according to
the expression

d D—t o
— = +
ac, an(a

te,s)

These considerations cause a loss in flap loading due to
separation to bring about a loss in lift, which is accompa-
nied by a decrease in drag. The net result is that the lift-
drag ratio for an optimally deflected flap at a given lift
coefficient is changed very little. An illustration of the
effect of trailing-edge flap separation for the present con-
figuration is given in sketch 11-4. The arrows show the
direction of the relative change in lift and drag caused by
a loss in loading on the trailing-edge flap itself. The
hatched area indicates the magnitude of the change if
50 percent of the theoretical loading is lost. With no
leading-edge flap deflection, the trailing-edge flap
deflection of 20 is optimum for aC; =0.8. At this

dCp

dC le,s
£ ;
—-dCp _r
Sketch 11-5
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Sketch 11-6

condition, changes in lift and drag tend to occur along a
tangent to the polar curve; thus, little or no performance
penalty occurs. Actually, penalties (drag increases) occur
only for the lift coefficients in excess of 0.8. For lift coef-
ficients less than that at which the deflection is optimum,

Sketch 11-3

5Ie,n =0°
20—

Sketch 11-4

the separation brings about a decrease in drag, an effect
noted in the experimental data. This drag reduction is rel-
ative to the excessive drag of a surface deflected beyond
the optimum for that lift coefficient. Separation would
not be expected to lead to a drag lower than that of an
optimally deflected surface.

The relationship between lift and drag changes on
the wing as a whole because of a change in leading-edge
flap loading alone, illustrated in sketch 11-5, may be
expressed as

dCp
a—q = tan(a -9y o)

Because of the negative sign, a loss in lift coefficient
caused by a reduction of leading-edge flap loading is
generally accompanied by an increase in drag. When
applied to the present example, changes such as those
shown in sketch 11-6 result. The arrows show the
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relative change in lift and drag caused by a loss in load-even pitching moment. For the twisted and cambered
ing on the leading-edge flap itself, and the hatched areawing (fig. 27(b)) the prediction is still good. But as

indicates the magnitude of the change if 50 percent of theshown in the suction parameter plot, employment of the
theoretical loading is lost. Obviously, severe penaltiesempirical estimate feature of the code (which is
are associated with the failure of the leading-edge flap todescribed in detail in section 9.9) brings about a slight

produce the anticipated loading. improvement in prediction of the lifting efficiency. Note
that the suction parameter reaches a maximum near the
11.3. Subsonic Transport intended cruise lift coefficient of 0.12.

The data of reference 21 provide an opportunity to
compare AERO2S code results with measured data for a
highly efficient subsonic transport configuration. Gener-
ally little need exists for application of the attainable The application of the computer code to a highly
thrust prediction method to such a design as this which isswept arrow wing supersonic transport with a horizontal
expected to develop almost all the theoretical leading-tail may be examined with the aid of figure 28. Experi-
edge thrust. The example, however, serves to demonmental results for this configuration were obtained from
strate the applicability of the method to a continuum of reference 23. The wing is twisted and cambered for
designs from ones certain to generate extensive separateslipersonic cruise at a Mach number of 2.20 (MBgf
flow as in the previous example to ones almost certain toref. 24) and is equipped with leading- and trailing-edge
maintain fully attached flow. flaps. The leading-edge flap is full span and is broken
into six segments. The trailing-edge flap system is com-
posed of inboard and outboard segments of single-slotted
flaps (ref. 24). AERO2S code input data are given in
table 1(d). The tests were run in the Langley 30- by
60-Foot Tunnel aM = 0.09 andR = 4.19x 1(° (based
on C).

11.5. Supersonic Transport Wing—Body—
Horizontal Tail

Data for the subsonic transport wing—body tested
at a Mach number of 0.55 and a Reynolds number of
2.25% 1P is shown in figure 26(a). AERO2S code input
data are listed in table I(c). The WINGDES code also is
capable of handling this example. Generally theory and
experiment have good agreement for all data shown
except pitching moment. The axial-force data follow a The data shown in figure 28(a) are for undeflected
curve corresponding to full theoretical leading-edge leading- and trailing-edge flaps. The horizontal tail
thrust over the whole range of angle of attack shown.deflection is-5° which was found to be a near optimum
Some of the pitching-moment discrepancy may be attrib-setting for drag minimization. The theory gives a good
utable to a rather large strut used to mount the modelprediction of aerodynamic characteristics with the excep-
Data for a more complete configuration with a horizontal tion of pitching moment for lift coefficients greater than
and vertical tail are shown in figure 26(b). The only dif- 0.04. The axial-force calculations show the effect of the
ference in the theory shown in the two parts of the figure attainable leading-edge thrust, and the normal-force cal-

is because of an estimated increas€in of 0.0042culations show the effect of the vortex force. The mild-
caused by addition of the tail surfaces. ness of the wing twist and camber is shown by the slight
slope in the axial force without attainable leading-edge
11.4. Supersonic Transport Wing thrust and vortex force.

Data from reference 22 for a supersonic transport  The data for deflected leading- and trailing-edge
wing tested at a Mach number of 2.40 and a Reynoldsflaps in figure 28(b) show a considerable increase in lift-
number of 3.4 1P are shown in figure 27. Results for a ing efficiency for lift coefficients of about 0.5 to 0.7 (suc-
flat wing in figure 27(a) may be compared with results tion parameters of 0.65 or more). The drag and suction
for a twisted and cambered wing designed for a Machparameter are well predicted in spite of some discrepan-
number of 2.4 and a lift coefficient of 0.08 without con- cies in axial- and normal-force correlation. Again, pitch-
straints on leading-edge pressures. The selected desigimg moment is not well predicted. Reference 4 provides a
lift coefficient was chosen through use of a rule of thumb more detailed study of the prediction of the aerodynamic
in an effort to maximize performance at a crue of performance of this and other configurations with two
0.12. The supersonic test Mach number requires that thdifting surfaces.
theory be obtained through the use of the WINGDES
code (in its evaluation mode) rather than the AERO2S 11.6. Two-Dimensional Airfoil

code which was used for the previous examples. Code The AERO2S code has recently been modified to

input data are given in table li(a). . : . ) S ;
provide a solution for two-dimensional airfoil sections.
As shown in figure 27(a), for the flat wing there is a The primary purpose of the maodification is to provide
good prediction of all the aerodynamic characteristics,a simplified means of recalibrating the method for
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predicting attainable thrust should the need and opportu-hopefully more accurate calibration of the attainable
nity arise. The procedures used to conduct such a recalithrust system.
bration are thoroughly discussed in reference 7 and are
treated briefly in appendix A. 12. Examples of Design for Aerodynamic
Performance Optimization
To illustrate the use of this code feature, an NACA

4409 airfoil has been subjected to a code analysis. The I_n sect]ion 11, Whif[:r? dz:lazl'::zvgtzhspre%iction of aer?dy— d
airfoil description and test data are taken from refer- namic performance, the code was employe

ence 25. In the development of the attainable thrustfor all examplt_es except those for su_pers_onic Mach num-
method only symmetrical airfoils were employed, and bers. The design examples treated in this section require
that restriction is still recommended. However for this YS€ (.)f the WING.DES code. OU'V for one_example, which

example, an airfoil with camber was selected to show "eauires evaluation of a previously designed low-speed

that, if necessary, such airfoil data are also applicable.ﬂalo system, is the AERO2S code employed.
The code input data are presented in table I(e), and code . .
results are compared with experimental data in 12'1_' Supersonic Transport Cruise Surface

sketch 11-7. As shown in the sketch, code results were Design

obtained with values of XMCPLT of 1.0, 0.8, and 0.6. As an example of the use of the WINGDES code in
The object of this exercise is to find the limiting pressure the design mode, the supersonic transport configuration
curve which best matches the experimental data in theshown in figure 29 has been subjected to a multistep
vicinity of the breakaway from the full thrust curve. For design process. This configuration was derived from the
this exampleCp i, = —8.5 becomes a candidate to SST wing treated in section 11.4. The process begins
replaceCy ;im = —11.7 now used in the attainable thrust with a standard wing design for a supersonic cruise Mach
method for a Mach number of 0.06 and a Reynolds num-number of 2.40 and a lift coefficient of 0.12. This step is
ber of 8.0x 10°. The section camber causes the slope infollowed by a design of a wing reflex surface to take
the no-thrust axial-force curve. This slope results in someadvantage of the nacelle pressure field at the supersonic
additional uncertainty regarding the curve fit and the cruise Mach number. Next, in section 12.2 the reflexed
selection of the appropriate limiting pressure to match wing surface designed for supersonic cruise is subjected
the experimental data. A collection of data such as thesdo a mission adaptive (or restricted area) design to define
covering various airfoils and a wide range of Mach a candidate flap system for a subsonic design point,
numbers and Reynolds numbers could provide a new andl = 0.30 andC, = 0.6. Finally the AERO2S code is
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employed to create a performance contour map showingsurface irregularities, a fairing of these data is used
the effect of variation of flap settings on subsonic instead. The fairing as shown by the dashed line was
performance. used in a redesign with the data of table lI(c) being sub-
stituted for the data of table Il(b). For this rerun, code-
alculated leading-edge surface factors are replaced by
hose given in the TAFIX table; otherwise the design
process is the same. The results of the revised design are
shown in figure 31. Figure 31(a) shows the new design
parameters and figure 31(b) shows the wing camber sur-
face generated by the code. The peak suction parameter

hown in figure 31(a) has not been increased, but it does
planform_ are free to be reshaped as necessary. Much g ccur closer to the cruise lift coefficient. The computer-
the required code Input data suc_h as the _|n|t|al cambe_r enerated plots of the wing surface show a relatively
surface and the selection of candidate deS|g_n surfa_ces I2mall amount of twist and camber.
covered by code defaults. The supersonic empirical
design corrections described in reference 6 are also

implemented as part of the default.

As a first step, the wing—body planform of figure 29
was subjected to a design for a cruise Mach number o
2.40 to optimize the aerodynamic performance for
CL des= 0.12 with no moment restraint. The WINGDES
code input is shown in table II(b). This design is charac-
terized as a “whole-wing design.” The design starts with
a flat wing ¢ = 0 everywhere), and all regions of the

The wing design may also incorporate a reflexed
trailing-edge surface to take into account the presence of

The critical parameters of the design are shown inan interference pressure field induced by nacelles or
figure 30. At the top of the figure is shown a plot of angle other components which are not considered as variables
of attack as a function of spanwise position. (The plot in the design process. To implement this option, the user
shows 37 spanwise locations rather than 40, as might benust supply the pressure field information and specify an
expected, because the input JBYMAX of 40 was reducedindex (ICP = 1) to indicate that an interference pressure
by a code automatic feature to keep the total number offield is to be taken into account. The user must also
elements within code limits.) As explained in section 7, specify wing trailing-edge design surfaces corresponding
the purpose of the design is to match the upper limit ofin general to the areas of the wing influenced by the pres-
the range of full thrusto; + Aag) with the angle of  sure field. An example of the code input for such a
attack corresponding to the design lift coefficient. In this design is given in table li(d). The only differences
way, theoretical leading-edge thrust that is not realized asbetween this table and table II(b) are the entries required
attainable leading-edge thrust is recovered as a distribto substitute a design incorporating reflexing for a stan-
uted thrust on the wing camber surface, primarily in the dard design. Results for this design, shown in figure 32,
region just behind the leading edge. For this supersonicare similar to results for the initial whole-wing design
design, which employs an empirical correction discussedshown in figure 30. When th&,, fairing of figure 32 is
in section 9.9, @ gedrep IS given by KyeLy ges With employed in a redesign, the peak suction parameter given
Kges= 0.57, and the angle of attack for the replacementby the empirical estimate occurs close to the cruise lift
design lift coefficient is about Z27The plot shows that coefficient as shown in sketch 12-1. At the cruise lift
the design matchup has essentially been achieved. Theoefficient of 0.12, the corrected suction parameter given
large spread of the range of full thrust for the inboard sta-by the code is about 0.34, which is less than the value of
tions simply shows that little or no modification of the
input surface is required there. The suction parameter
plot (middle of fig. 30), however, indicates that the per- (CL dedrep
formance at the cruise lift coefficient could be improved 6
to a slight degree by a redesign which would place the
maximum Sg closer toC; 4o Actually for this design S
problem, retaining the first design would be advisable
because of the advantage of its relatively mild camber
surface and the very slight gain a more severe surface
might produce in practice. However, to illustrate the use
of the adjustment procedure for cases where it may be 2|
required, a revised design has been undertaken. The plot
of leading-edge surface weighting factors (bottom of A
fig. 30), given as a part of the code output, shows the fac- |
tors used in the design and also shows revised values that 0 04 08 12 16
should lead to improved performance. Because there are cL
inherent inaccuracies in the numerical solution, and
because the code-recommended values would lead to Sketch 12-1

CL,des

Theory

[
[

Empirical
estimate
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0.37 for the previous design which did not include the Cpn from

interference pressure field. The code evaluation of the whole-wing design
suction parameter does not include the beneficial effect Crm=-0.241

of the increase in lift caused by the pressure field. If the No restraint '

increase in lift had been taken into consideration, the suc- 10—

tion parameter would have been greater than 0.40, an
obviously optimistic value. Proper values of lift, drag,

and suction parameter for the more complete configura-
tion can be found only if all forces generated by the addi-
tional component are taken into account. In the absence Ss
of accurate axial-force as well as normal-force incre-
ments, exclusion of both increments can be expected to
give a more realistic performance estimate than inclusion

of one or the other. A pictorial representation of the
reflexed wing surface design is given in figure 33. 0 -1 -2 -3

Cm,deﬁ

12.2. Supersonic Transport Low-Speed Flap

. Sketch 12-2
Design

An attractive feature of the WINGDES code is the about 0.80 ana:m des™ —-0.15, whereas an Optimum suc-

capability for performing runs in succession. For exam- tion parameter of about 0.87 occurs @F, gos = —0.24.

ple, a supersonic design run could be followed by anThjs |arge negative moment might present a trim drag
evaluation of that surface at other Mach numbers—eitherproblem in an airplane design project_ When horizontal
supersonic or subsonic—or a second design run. Antaij contributions or canard trim contributions are consid-
example of a supersonic surface design with nacellegreq in the definition of a desired wing moment coeffi-
reflexing followed by a subsonic design to determine a cjent and when that moment is specified as a wing design
mission adaptive surface and flap deflections to approxi-code input, a better overall design should result. Then the
mate that surface is given. Table li(e) shows the codepreviously described search for optimum performance of
input for the supersonic reflex surface design treated earthe wing alone is avoided. An alternate selection of a
lier but now with provision for a subsequent run for the design pitching moment can be obtained by usig

design of a flap system for a subsonic Mach number ofgenerated by a whole-wing design (with either a flat sur-
0.30 and a lift coefficient of 0.6. Note the quantltles that face or the SUperSOﬂiC cruise surface as an |nput) at

must be reset when consecutive design runs are perc, , . This procedure giveS,, qes= —0.26.

formed as specified in appendix B. The supersonic _ . '

design input of table lI(e) is the same as that of table Ii(d) ~ For this designCp, yes= ~0.24 was used. Results of
with the exception of the TAFIX table addition, which is the subsonic mission adaptive surface design are shown

very similar to the TAFIX table used in the whole-wing in figure 34. These data show the leading-edge
design. matchup, an indicated maximum suction parameter

of 0.88, and the leading-edge factors as used and as sug-

For the subsonic mission adaptive surface design,gested for redesign. This pair of back-to-back runs was
Cindes= —0.24 is imposed. For mission adaptive designs, repeated with a TAFIX table for the subsonic design as
it is always advisable to employ@, 4esthat has been represented by the dashed line. For this example, the
selected carefully. Applications of the mission adaptive selected fairing of the leading-edge surface weighting
design option have shown that the numerical solutionsfactors is only slightly greater than the as-used values
tend to call for greater use of leading-edge surfaces andecause the leading-edge matchup conditions were
less use of trailing-edge surfaces than would a true opti-almost met and because the suction parame@r fkis
mum design. The problem does not arise to any appreciaenly slightly less than the maximum. Wherever possible,
ble extent for the whole-wing design but does affect design surfaces more severe than necessary should be
results for the mission adaptive design, where relativelyavoided. Results of this repeat run are shown in
large surface slopes are needed to generate the requirddjure 35. As shown in figure 35(a), the leading-edge
loadings on restricted areas. An improved design can banatchup and the suction parameters are changed only
found by running the mission adaptive design code for aslightly from figure 34. Note the design fails to com-
selected series of design pitching-moment coefficientspletely match the design angle of attack at inboard span
and using a plot such as that shown in sketch 12-2. Thepositions near the wing—body juncture. This problem is
unrestrained design provides a suction parameter ofassociated with the small number of spanwise elements.
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As shown in sketch 12-3, a new design doubling the mismatch of 8 at the leading edge is expected to result
spanwise elements (JBYMAX = 20) gives a much better in the formation of separated leading-edge vortices. But
matchup in the region of the wing—body juncture. How- the separation is hoped to be mild enough so that reat-
ever, with present code limitations, this increase in span-tachment occurs at or ahead of the hinge line and perfor-
wise representation can be accommodated only with amance losses relative to fully attached flow are small.
decrease in element aspect ratio and a correspondindhe suction parameter plot shows a suction parameter of
decrease in chordwise shape representation. When tectabout 0.77 a€|_ye = 0.6. This value is significantly less
nology advances permit, an increase in the number ofthan the value of 0.88 for the continuous mission adap-
elements the code can handle would be highly recom-tive surface but nevertheless is a reasonable level for flap
mended. The computer-generated plot of figure 35(b)system performance.

shows a mission adaptive design surface much more , - o

severe than the mild supersonic cruise surface. At the Multiple additional runs using input data such as
bottom of figure 35(a) is shown the leading- and trailing- those of table I(f) W|t_h other values _of flap deflection
edge flap deflections provided by the code to approxi- angles can be us_ed in the construction of performa_nce
mate the designed mission adaptive surface. The soligcontour maps as illustrated in figure 37. The deflection
line represents selected flap segmentation and deflectiongles are defined as those whose tangents are obtained

schedules for use at the subsonic design conditions. Py multiplying the tangents of the nominal angles by a
set of factors, 0, 0.5, 1.0, 1.5, and 2.0. The map of

The final step in this exercise involving the SST figure 37_(a) was _obtained by_:_;lpplying these factor_s to
the nominal leading- and trailing-edge flap deflection

design is an evaluation of the performance of the flap hedules t te inout data f . f cod
system at the subsonic design conditions. For this pur-SC edules 1o creaté input data for a Series ol code runs.
onstruction of this map required 16 individual runs.

pose, the AERO2S code must be used. An example o he 5 by 5 matrix does not require 25 individual runs

the required input is shown in table I(f). Results of the because, as described in appendix A, a single run which

flap system evaluation for the nominal flap deflection ~7- .
schedules of figure 35 are shown in figure 36. As shown utll!zes TXMLEFD and T.XMTEFD valu_es of O'Q gives
valid data for 4 data points (the nominal leading-edge

atthe top of the figure, the upper limit of the range of full 4 0 ione " combination with the nominal trailing-

thrust falls short of the angle of attack @r e = 0.6 by _edge deflections, the nominal leading-edge deflections in

5° or more; this is in contrast to the matcﬁup for the mis binati h traili d deflecti th
sion adaptive surface. This difference is to be expecteacom. ination with zero trailing-ecge detiections, -the
nominal trailing-edge deflections in combination with

because the flaps are only a poor approximation of the . ; .
camber surface. The idea is to balance flow separatiorgero Ieao_lmg-edge _d_eflectlons, and zero deflection of
tendencies at the leading edge with those at the hinge lin oth leading and trailing edges).

so that separation is not excessive at either location. The ¢ desired, a full set of data for the construction of

contour maps can be obtained in a single run. For this

purpose, a full set of TXMLEFD and TXMTEFD values
Body side (5 values of each) may be employed in that one run. The
results, however, are not as accurate as those of the mul
tiple run process. A map constructed in this way for the
same configuration is shown in figure 37(b). Some obvi-
ous discrepancies are seen, particularly for leading-edge
deflection factors greater than 1.0. This discrepancy is
clearly an example of a case where the simple single run
Ot + Al approach is not applicable and should have been antici-
pated since leading-edge flap deflections are as high as
56°. The single run approach has been used successfully
for smaller deflection angles—angles small enough so
that there is little difference between the tangent of the
angle and the sine of the angle. When in doubt, the safe
approach is to use multiple runs.

Ozt —Aay

10 The contour map obtained from multiple runs in fig-
ure 37(a) shows, fo€ 4 = 0.6, @ maximum suction
parameter of about 0.77 for a leading-edge flap deflec-
Sketch 12-3 tion factor of about 0.8 and a trailing-edge flap deflection

bi2
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factor of about 1.2. Thus, for this example, the optimum with modified leading-edge surface weighting factors.
flap settings foIC| = 0.6 are estimated to be As shown at the bottom of the figure, the code solution
oo oo gives a nearly elliptical span load distribution. The
5Ie,s= 21°/26°/30 AERO2S code has recently been modified to provide the
B s = 16°/16°/19° capability for analysis of a nonsymmetrical wing.
This map also has contour lines for pitching-moment 13. Concluding Remarks
coefficients to enable selection of optimum flap settings

subject to constraints. A pair of computer codes, AERO2S and WINGDES,
is now widely used for the analysis and design of air-
12.3. Nonsymmetrical Wing Cruise Surface plane lifting surfaces under conditions that tend to induce
Design flow separation. These codes have undergone continued

) . . development to provide additional capabilities since the
A relatively new addition to the WINGDES code i jnroduction of the original versions over a decade ago.
the capablllt_y for _the design of optlmlzed_ surfaces for This code development has been reported in a variety of
nonsymmetrical wings such as that shown in sketch 12-4., hjications (NASA technical papers, NASA contractor
As an example of nonsymmetrical wing design, an opti- ,anorts, and journal articles). Some modifications have
mum surface for this elliptical planform was designed for o heen publicized at all. Users of these codes have sug-
ggg;‘?ﬁff:ﬁ'eg;g g.rleG;:c?anruilr?eteI:ﬁ)?ghlInfum'ltzﬁ(reo:olll.iﬁo. gested the desirability of combining in a single docu-
P (). 9 ment, descriptions of the code development, an outline of

moment was constrained to be zero about an assumegq particular features of each code, and suggestions for
center of gravity at the midspan. Figure 38 shows theefrective code usage. This report is intended to supply
design results. Figure 38(b) presents a computer drawingpai need.

of the wing camber surface. This surface displays consid-
erable camber and a pronounced twist distribution to take  This report describes the development of numerical
advantage of the increasing upwash along the leadingsolutions of linearized theory for both subsonic and
edge. The plot of angle of attack at the top of figure 38(a)supersonic speeds that are performed by iteration (rather
shows a close matchup of the upper limit of the range ofthan by matrix inversion) and thus are easily adaptable to
full thrust with a for (Cp gedrep The small part of the  provide increased accuracy as more advanced computers
span that has a zero range of full thrust results from thebecome available. Another important feature of the theo-
local supersonic leading edge. As shown in the middleretical solutions is a separation of loading components
plot, a maximum suction parameter for the curve with the with and without the presence of singularities, so that
empirical correction occurs at a lift coefficient just below each may be handled in an appropriate manner to
CL des For this design there is no need for a redesignincrease the accuracy of integration techniques used to
evaluate forces and moments. The numerical solutions
also provide for the estimation of attainable leading-edge
Actud planform thrust which has a powerful effect on the aerodynamic
lifting efficiency that can actually be achieved.

Discussions of the application of the computer codes
to problems of practical interest show how attached flow
theoretical predictions are actually applicable to flows
with detached regions provided that the separation is
mild and localized. Code results are shown to be more
accurate for configuration arrangements which, through
the use of wing twist and camber or flap systems, pro-

Code inpt mote predominantly attached flows and high levels of
aerodynamic efficiency. Design features of the codes
permit the definition of efficient wing camber surfaces
and flap system deflection schedules to minimize separa-
tion and maximize performance.

NASA Langley Research Center
Hampton, VA 23681-2199
Sketch 12-4 April 8, 1997
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Appendix A The number of complete wing elemehtgorresponding
to a given JBYMAX may be approximated as

AERO2S Code Input and Output

The AERO2S computer code is written in generic
FORTRAN 77 for use on virtually any computer system
with a Fortran compiler having namelist capability. The The code has been written to accommodate 4000 right-
first record in the input is a code run identification (title) hand panel elements. Generally, the JBYMAX integer
that accepts up to 80 characters. The remainder of thés much less than the limit of 41. The normal range is
input is placed in namelist format under the name INPT1.8 to 20. Computational costs tend to increase as the
The code is constructed so that successive runs may bgquare of the number of elements.
made with a given code entry. To make additional runs,
it is necessary only to add an identification record and
namelist data that are to be changed from the previou
run.

N = 4(JBYMAX)ZE%%

For flat and mildly cambered wings, an element
aspect ratio approximately equal to the full-wing aspect
Yatio is recommended. For small chord leading- or
trailing-edge flaps, the use of a large element aspect ratio
i ) may be necessary to place two or more elements within
Al. Wing Planform—Required Input the chord. The number of elements in a given chggd, ¢

The wing planform information is specified by a ©OF Ge May be approximated as
series of leading-edge and trailing-edge breakpoints for a c
right-hand wing panel. Up to 30 pairs of coordinates may N = ﬁ(JBYMAX)(ELAR)
be used to describe the leading edge and up to 30 pairs to b/2
describe the trailing edge. The planform input data in
code terminology are as follows: or

NLEY number of leading-edge breakpoints (limit _ Cte
of 30) N = —5(JBYMAX)(ELAR)

TBLEY  table of leading-edgg values; beginning at  Because computational costs tend to increase as the
y = 0; increasing order gffrom root to tip fourth power of JBYMAX and the second power of

TBLEX table of leading-edge values that corre- ELAR, an increase in the element aspect ratio is the more
sponds to TBLEY table efficient means of providing improved definition.

NTEY number of trailing-edge breakpoints (limit
of 30)

TBTEY table of trailing-edge values; beginning at
y = 0; increasing order gf from root to tip

A2. Wing Planform—Optional Input

The code permits the design or analysis of an asym-
metrical lifting surface. For this option, the spanwise
geometric data (i.e., TBLEY, TBTEY, TBYC, TBYR)
TBTEX table of trailing-edgea values that corre- are input from wingtip to wingtip as positive values

sponds to TBTEY table beginning at a span station of zero. The entire wing is
confined to what otherwise would be only a right-hand

XMAX largestx ordinate anywhere on planform; panel. To implement this feature, input the index

includes second surface if present

SREF wing reference area for use in aerodynamic NSYM  nonsymmetrical planform index (set this index
force and moment coefficients to 1 for asymmetrical planform, code defaults
) ] . to O to provide a symmetrical planform by
CBAR wing reference .Chord for use in aeI’OdynamIC construction of additional mirror image
moment coefficients left-hand panel)
XMC x location of moment reference center

. L . A3. Wing Camber Surface—Required Input
JBYMAX integer designating number of elements in g f-amber striace—hequired Inpu

spanwise direction (limit of 41) The wing mean camber surface must be specified by
exactly 26 chordwise ordinates at up to 52 span stations.
When fewer than 26 camber coordinates are used to

The size of the wing in code dimensions is controlled define the sections, the ordinate tables must be filled with
by the entry JBYMAX. The necessary scaling is done enough zeros to complete the list of 26. The necessary
within the code by use of a scale factor 2(JBYMA3Y)/ section information is as follows:

ELAR element aspect ratio
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NYC number of spanwise stations at which =1 vortex center given by empirical rela-
chordwise sections are used to define mean- tionships derived from delta wing
camber surface (limit of 52) experimental data (default)

TBYC table ofy values for chordwise camber- = 2 vortex center given by method of Lan
surface sections; beginningyat 0O; and Chang (ref. 12)
increasing order of from root to tip YAPEX spanwise location of vortex flow-field origin

NPCTC number of chordwise stations used in defini- For Specia| planforms such as forward_swept
tion of mean camber surface (I|m|t of 26) Wings or other Wings with apex away from

TBPCTC table of chordwise stations, in percent centerline, this input can help provide better
Chord, at which mean camber surface ordi- estimate of vortex-induced flow fields and
nates are defined; increasing order from forces (default YAPEX = 0.0)
leading edge to trailing edge _ - '

TZORDC table of mean camber surfaverdinates AS. Flight Conditions—Required Input
that corresponds to TBPCTC table; full 26 The flight or test conditions are specified as follows:
values for root chord (including zeros fo_r free-stream Mach number
values in excess of NPCTC) are given first,
followed by similar information for all free-_sStream Reynolds number (basedon )
spanwise stations in increasing ordey of x 10

TZSCALE multiplying factor applied to TZORDC NALPHA ngmber of angles of attack to be calculated
table to change camber surface ordinates; (limit of 40)
default 1.0 TALPHA table of angles of attack to be calculated,

The TZORDC table may be multiplied by a scale deg

factor TZSCALE. This factor may be useful if the origi- NADRN  number of additional Reynolds numbers

nal tabulated ordinates are nondimensionalized with (default 0)

respect to a s_lngle measurement (e.g., the wing rootrAprN  table of additional Reynolds numbers (limit

chord) or if it is necessary to evaluate the effect of a of 3)

change in camber surface severity. . .
g Y The commonly accepted practice of performing sub-

sonic calculations for a Mach number of 0 is not appro-
priate for this code. Realistic estimates of attainable
thrust can be made only if both the Mach number and the

The following wing section information is required Reynolds number correspond to actual conditions. In
for the calculation of attainable leading-edge thrust andfact, the code stops and writes an error message when
leading-edge separation forces: XM =0 is input.

A4. Section Parameters for Attainable Thrust
Calculation—Required Input

NYR ”“”?ber of spanwise stations at W.h'Ch _mf_or— A6. Leading- and Trailing-Edge Flaps—Optional
mation on airfoil sections is supplied (limit
of 30) Input
TBYR table ofy values for airfoil section informa- . The fO”ong information makes possible th? calcu-
o T o . lation of loadings and forces on deflected leading-edge
tion; beginning ay = 0; increasing order gf o X X
f . and trailing-edge flaps. If flap data are not desired, sim-
rom root to tip : :
ply omit these entries.
TBTOC table of airfoil maximum thickness as fraction L .
of chord ,(/C)I ximd ! I NLEFY number of breakpoints in leading-edge
PRmaxe _ _ flap chord distribution (limit of 30)
TBETA table of sectl_on locations of maximum thick- TBLEEY table ofy values at breakpoints in leading-
ness as fraction of chorg, AR e
edge flap chord distribution; beginning at
TBROC table of leading-edge radii as fraction of y = 0; increasing order of from root to tip
chord,r/c TBLEFC table of streamwise leading-edge flap
IVOROP vortex location option as follows: chords that corresponds to TBLEFY table
=0 full vortex force acts normal to wing TBLEFD table of flap deflections in degrees (posi-

reference plane at wing leading edge;
does not contribute to axial force

tive for leading edge down) that corre-
sponds to TBLEFY table
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NADLEFD

TXMLEFD

LEFTYPE

NTEFY

TBTEFY

TBTEFC

TBTEFD

NADTEFD

TXMTEFD

CLDES

number of leading-edge flap deflection
multipliers other than 1.0 (limit of 4)
(default 0)

table of leading-edge flap deflection multi-
pliers (applied as multiplier of tangents of
input flap deflections)

type of leading-edge deflection as shown
in sketch A-1

number of breakpoints in trailing-edge flap
chord distribution (limit of 30)

table ofy values at breakpoints in trailing-
edge flap chord distribution; beginning at
y = 0; increasing order of from root to tip

table of streamwise trailing-edge flap
chords that corresponds to TBTEFY table

table of flap deflections in degrees (posi-
tive for trailing edge down) that corre-
sponds to TBTEFY table

number of trailing-edge flap deflection
multipliers other than 1.0 (limit of 4)
(default 0)

table of trailing-edge flap deflection multi-
pliers (applied as multiplier to tangents of
input flap deflections)

additional lift coefficient for which flap
system aerodynamic performance is to be
specified; code aerodynamic characteris-
tics are given only for angles of attack in
input TALPHA table unless CLDES is
specified

Spanwise tables must begin wjtks 0 and extend to

y = b/2 (with chords of O where there are no flaps). At
spanwise positions where there are discontinuities in
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1 linear (default)
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2 parabolic
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Sketch A-1

either flap chord or deflection, it is necessary to make
closely spaced tabular entries inboard and outboard of
the discontinuity.

The code requires flap deflection angles measured in
the X-Z plane. Flap deflection angles measured normal to
the flap hinge line may be converted to code input angles

by

tan (cosA,, o tand,, )

6Ie,s
be) =

tes tan - (CosA;, e tand

te,n)

The code provides solutions for wing surfaces com-
posed of all possible combinations of leading-edge and
trailing-edge flap settings provided by the original
deflections (TBLEFD and TBTEFD) and by the flap
deflection multipliers (TXMLEFD and TXMTEFD). Up
to 25 pairs of leading-edge and trailing-edge flap deflec-
tion schedules may thus be treated simultaneously. Solu-
tions obtained by using the multipliers (values other than
0 or 1) are determined by a perturbation process; thus,
they are not as accurate as solutions for the original or
nominal input deflections. When increased accuracy is
required, or when the change in performance with the
change in deflection must be evaluated—as in the con-
struction of suction parameter contour maps—individual
solutions without recourse to multipliers are generally
required.

The code also provides an improved accounting of
hinge-line singularities in determination of wing forces
and moments. The technique used is described in appen-
dix B of reference 3. See table I(b) for an example of
leading- and trailing-edge flap input data.

A7. Solution Convergence Criteria—Optional
Input

To determine lifting-surface perturbation velocity
distributions, the code provides for a maximum of
70 iterations. If this number is reached without the con-
vergence criteria being met, the results for the 70th itera-
tion are printed with a warning of the failure to meet the
criteria. The maximum number of iterations may be
increased or decreased by the entry

ITRMAX maximum number of perturbation velocity
iterations (default 70)

The code convergence criteria are met when, for all
four wing surfaces and for two successive iterations, the
average difference in perturbation velocity between itera-
tions is less than half of 1 percent of the average velocity
over the wing. If the average velocity for the camber sur-
face or either of the flap surfaces is less than the average
velocity for the flat surface att = 1°, the flat wing
surface value is used instead. In many instances, these



criteria may be more stringent than necessary. If desiredTZORDC2 table of mean camber surfaaa@dinates
the convergence criteria may be changed by the entry

CNVGTST perturbation velocity convergence criteria

(default 0.005)

A8. Canard or Horizontal Tail—Optional Input

The following set of input data is required for the TzscaAL2

handling of wing—canard or wing—horizontal tail config-

urations. If wing-along solutions are desired, simply omit

these entries.

ILS2

If a second surface is employed (ILS2 = 1 or 2), the TgyR2

second surface identifier

=0 no second surface (default)
=1 canard
=2 horizontal tail

following planform information must be supplied:

NLEY?2

TBLEY2

TBLEX2

NTEY2

TBTEY2

TBTEX2

number of leading-edge breakpoints (limit
of 21)

table of leading-edggvalues; need not

begin aty = 0; increasing order gf

table of leading-edgevalues that corre-

sponds to TBLEY?2 table

number of second surface trailing-edge
breakpoints (limit of 21)

table of trailing-edgg values; need not
begin aty = 0 but initial and final values
must be same as TBLEX2 initial and final

values; increasing order gf

table of trailing-edge values that corre-
sponds to TBTEY?2 table

that corresponds to TBPCTC2 table; the
full 26 values for the root chord (including
zeros for values in excess of NPCTC2) are
given first, followed by similar information
for all spanwise stations in increasing order
ofy

multiplying factor applied to TZORDC2
table to change camber surface ordinates
(default 1.0)

The following canard or horizontal tail section infor-
mation is required for the calculation of attainable
leading-edge thrust and leading-edge separation forces:

NYR2

TBTOC2

TBETAZ2

TBROC2

YAPEX2

DELTA2

For the second surface, the mean camber surface

must be specified by exactly 26 chordwise ordinates at

number of spanwise stations at which infor-
mation on airfoil sections is supplied (limit
of 21)

table ofy values for airfoil section informa-
tion; increasing order of

table of airfoil maximum thickness as frac-
tion of chord, €/C)max

table of section locations of maximum thick-
ness as fraction of chorg,

table of leading-edge radii as fraction of
chord,r/c

spanwise location of second surface vortex
flow-field origin

For special planforms such as forward-swept
surfaces or other surfaces with apex away
from centerline, this input can help provide a
better estimate of vortex-induced flow fields
and forces; default is YAPEX2 = 0.0.

incidence of second surface with respect to
wing reference plane, deg (default DELTA2
= 0.0), positive for leading edge up

up to 21 span stations. When fewer than 26 camber coorSee table I(d) for an example of horizontal tail input data.
dinates are used to define the sections, the ordinate tables

must be filled with enough zeros to complete the list

of 26. The necessary section information is as follows:

NYC2

TBYC2

NPCTC2

TBPCTC2

number of spanwise stations at which

camber surface (limit of 21)

table ofy values for chordwise camber sur-
face sections; increasing orderyof

number of chordwise stations used in defi-
nition of mean camber surface (limit of 26)

table of chordwise stations, in percent
chord, at which mean camber surface ordi-
nates are defined; increasing order from
leading edge to trailing edge

A9. Optional Two-Dimensional Airfoil Solution

The code has been modified to provide solutions for
two-dimensional airfoil sections. As described in refer-
chordwise sections are used to define mean €Nce 7, this capability may be useful in recalibration of
the attainable thrust prediction method when additional
experimental data covering a wider range of Mach num-
bers and Reynolds numbers become available. An input
of IBYMAX = 1 signals a two-dimensional airfoil solu-
tion. For this purpose, tables of airfoil section character-
istics defining the camber surface and the thickness
distribution with identical listings for a root- and tip-
chord station must be provided.

A recalibration of the limiting pressure coefficients
used in the attainable thrust prediction method requires
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an iterative approach. Repetitive solutions with various 4. Listing of overall theoretical aerodynamic coeffi-

values of the following limiting pressure multiplier are cientsCy, Ca, Cy,, andCp with no thrust and with
required: theoretical thrust as function of angle of attack
XMCPLT limiting pressure multiplier (default 1.0) 5. Listing of spanwise distribution of flat wing angle-
This quantity acts as a multiplier of the limiting pressure of-attack range for full theoretical leading-edge
formula presently used in the code. For each code run, thrust (for wing-alone solution only)

the output listing includes the limiting pressure coeffi-
cient used in that run. As described in reference 7, the 6. Listing of overall estimated aerodynamic coeffi-

iteration is continued until the best match of code and cients includingCy, Ca, andC,, for basic pressure
experimental axial-force data is obtained. The listed lim- loading, ACy and AC, for attainable thrust and
iting pressure coefficient then becomes a revised value vortex-force increments, ar@, Ca, Cyy, C., Cp,
for the specified Mach number and Reynolds number to andSgfor total loading

be used in formulation of new limiting pressure relation- -
ships. See table I(e) for an example of two-dimensional ~ Additional tabulated output data may be selected by
airfoil code input. using the following print options:

A10. Code Output Data IPRCPD =1 theoretical pressure distributions for

] ] each selected angle of attack
The printed code results include

IPRSLDT =1 theoretical span load distributionGg,
Ca, Ciyy andCp with no thrust and with
full theoretical thrust for each selected

2. Listing of theoretical pressure distributions for angle of attack

combined camber surface @t= 0° and for com- ) S
bined flat surface at = 1°; for each code spanwise PRSLDA =1 estimated span load distributiorGgf

1. lteration-by-iteration history of convergence
parameters

station (controlled by JBYMAX), interpolated or Car Cm, andCp, with attainable thrust
extrapolated pressure coefficients are given for a set and vortex-force effects for each
of chordwise stations selected angle of attack

3. Listing of spanwise distribution of section normal- IPRALL =1  preceding print control options apply
force, axial-force, and pitching-moment coeffi- only to first set of flap deflections; select
cients for combined cambered surfaca at(®® and this option if three preceding options are
for combined flat surface at = 1°; interference to apply to all flap deflection combina-
axial-force coefficient caused by flat surface load- tions; selection of this option could
ing acting on camber surface and theoretical thrust result in very large volume of printed
parameters are also printed output
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Appendix B SREF wing reference area for use in
aerodynamic force and moment

WINGDES Code Input and Output coefficients
CBAR wing reference chord for use in

The WINGDES code is written in generic aerodynamic moment coefficients

FORTRAN 77 for use on virtually any computer system

with a Fortran compiler having namelist capability. The XMC x location of moment reference

first record in the input is a code run identification (title) center

that accepts up to 80 characters. The remainder of th€&ELAR element aspect ratio (default 1.0 for
input is placed in namelist format under the name INPT1. subsonic cases, 1f®for supersonic
The code is constructed so that successive runs may be cases)

made_vv_ith a given computer entry. _To m_a_ke _additional IJBYMAX integer designating number of

runs, it is only necessary to add an identification record elements in spanwise direction

and namelist data that change from the previous run. An (limit of 50)

additional capability is provided by the entry NEWDES. ) )

When the code is run in the design mode and NEWDES ~ For subsonic speeds, the element aspect ratio ELAR
is set to 1, a design camber surface is found, the input seff chosen by the user (default 1.0). At supersonic speeds,
of camber surface ordinates is replaced by camber sur@ fixed value of ELAR = 1.¢y is imposed to avoid
face ordinates for the new design, and this new design i€omputational difficulties, and the user has no option.
treated as an evaluation case. In the original code, thdor flat and mildly cambered wings at subsonic speeds,
default for the entry NEWDES was 0, which provided an element_ aspect ratio one half th(_e full wing aspect ratio
for a design of the wing surface but not for a subsequen®" greater is recommended. For wings with small chord
evaluation. Now, however, because this feature l€ading-edge or trailing-edge design areas, using a large
was found so useful, the default was changed toelement aspect ratio may be necessary to place at least
NEWDES =1. When the NEWDES option is used, two elements within the chord. The number of elements
successive runs may be employed to evaluate the nevn @ given chord, g or G, may be approximated as

surface at off-design conditions.

N

C
e (JIBYMAX) (ELAR)

B1. Wing Planform—Required Input b/2

The wing planform information is specified by a ©f
series of leading-edge and trailing-edge breakpoints for a e
right-hand wing panel. Up to 30 pairs of coordinates may N= £ (JBYMAX) (ELAR)
be used to describe the leading edge and up to 30 pairs to b/2

describe the trailing edge. The planform input data in gecause computational costs tend to increase as the
code terminology are as follows: fourth power of JBYMAX and the second power of

NLEY number of leading-edge breakpoints ELAR, an increase in the element aspect ratio is the more
(limit of 30) efficient means of providing improved definition. At

) supersonic speeds, where ELAR is fixed, the only

TBLEY (NLEY) table of leading-edgg values; recourse is to increase JBYMAX. This parameter con-

beginning ay = 0; increasing order  trols the size of the wing in code dimensions.

of y from root to ti
y P The necessary scaling is done within the code by use

TBLEX (NLEY) table of leading-edge values that of a scale factor, 2(JBYMAX)/[SPANBJ]. The number
corresponds to TBLEY table of complete wing elements corresponding to a given
NTEY number of trailing-edge breakpoints JBYMAX may be approximated as
(limit of 30)

N = 4(JBYMAX)?2 B%%

TBTEY (NTEY) table of trailing-edgg values; begin-
ning aty = 0; increasing order of
from root to tip The code has been written to accommodate 1000 right-

. hand panel elements (2000 complete wing elements).

TBTEX(NTEY) :%?Irgsf;:]ﬂls'rlg's_%greé\\/(a{;gfethat Generally, the JBYMAX integer is less than the limit

P of 50. The normal range is 8 to 20 for subsonic speeds
XMAX largestx ordinate anywhere on and 20 to 50 for supersonic speeds. Computational costs

planform tend to increase as the square of the number of elements.
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B2. Wing Planform—Optional Input order from leading edge to

The code permits the design or analysis of an asym- trailing edge

metrical lifting surface. For this option, the spanwise TZORDC (NPCTC,NTC) table of mean camber surface
geometric data (i.e., TBLEY, TBTEY, TBYC, TBYR) z ordinates that corresponds
are input from wingtip to wingtip as positive values to TBPCTC table; the full 26
beginning at a span station of zero. The entire wing is values for root chord (includ-
confined to what otherwise would be only a right-hand ing zeros for values in excess
panel. To implement this feature, input the index of NPCTC) are given first,
followed by similar informa-
NSYM tion for NYC spanwise sta-
tions in increasing order gf

nonsymmetrical planform index (set this index
to 1 for asymmetrical planform, code defaults
to O to provide symmetrical planform by con-
struction of additional mirror image left-hand

panel)

Also see section B8 for YCG, CRTST, and CRNSYM

entries. In addition, often specifying NLEC, TBLECY, The TZORDC table may be multiplied by a scale factor
and TBLEC input data is necessary rather than allow theTZSCALE. This factor may be useful if the original
default values to be used. For example, the nonsymmetritabulated ordinates are nondimensionalized with respect
cal wing example of this report (table 1I(f)) has a chord of t0 @ single measurement (e.g., the wing root chord) or if
nearly zero at y = 0, which if used as the default for the it is necessary to evaluate the effect of change in camber

leading-edge surface chord would not produce an acceptsurface severity. See table li(a) for an example of wing
able design. camber surface code input.

TZSCALE multiplying factor applied to
TZORDC table to change

camber surface ordinates

B4. Section Parameters for Attainable Thrust
Calculation—Required Input

B3. Wing Camber Surface—Optional Input

A wing mean camber surface may be specified by a
set of tabular entries. However, if a flat wing analysis is ~ The following wing section information is required
performed or if a flat wing is used as the initial surface in for the calculation of attainable leading-edge thrust and
a design process, these entries are not required. If a win¢gading-edge separation forces:
surface is input, the section mean camber surface must bﬁlYR
specified by exactly 26 chordwise ordinates at up to
52 span stations. When fewer than 26 camber coordi-
nates are used to define the sections, the ordinate tables
must be filled with enough zeros to complete the list TBYR (NYR)
of 26. The necessary section information is as follows:

number of spanwise stations at which
information on airfoil sections is sup-
plied (limit of 30)

table ofy values for airfoil section
information; beginning at = 0;

increasing order of from root to tip

NYC number of spanwise stations

at which chordwise sections TBTOC (NYR) table of airfoil maximum thickness as

are used to define mean cam- fraction of chordt/c

ber surface (limit of 52) TBETA (NYR) table of section locations of maximum
TBYC (NYC) table ofy values for chord- thickness as fraction of chonqg,

wise .camt_)er.surfacie s.ec- TBROC (NYR) table of leading-edge radii as fraction

tions; beginning ay = 0;

. ) of chord,r/c

increasing order of from

root to tip IVOROP vortex location option as follows:
NPCTC number of chordwise sta- =0 full vortex force acts normal to

TBPCTC (NPCTC)
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tions used in definition of
mean camber surface (limit
of 26)

table of chordwise stations,
in percent chord, at which
mean camber surface ordi-
nates are defined; increasing

wing reference plane at wing
leading edge; does not contrib-
ute to axial force

=1 vortex center given by empiri-
cal relationships derived from
delta wing experimental data
(default)



= 2 vortex center given by method average velocity for the flat surfacecat= 1°, the value

of Lan and Chang (ref. 12) for the flat wing surface is used instead. In many
YAPEX spanwise location of vortex flow-field instances, these criteria may be more stringent than nec-
origin (default 0.0) essary. If desired, the convergence criteria may be

i changed by the entry
For special planforms such as forward-

swept wings or other wings with apex  CNVGTST perturbation velocity convergence criteria

away from centerline, this input can (default 0.005)
help provide better estimate of vortex-
induced flow fields and forces. The code wing surface design is also the result of an
iterative process. The iteration is terminated when, from
B5. Flight Conditions—Required Input one iteration to the next, the design angle of attack

i N . changes by less than 020&nd the design pitching-
The flight or test conditions are specified as follows: oment coefficient changes by less than 0.001. If

XM free-stream Mach number desired, these criteria may be made more or less stringent
by use of the following entries:
RN free—%tream Reynolds number (basedcon )
*x 10 ALPTST angle-of-attack convergence test (default
NALPHA number of angles of attack to be calculated 0.01)
(limit of 19) o
CMTST pitching-moment convergence test used when
The commonly accepted practice of performing sub- fied (default 0.001)

sonic calculations for a Mach number of 0 is not appro-
priate for this code. Realistic estimates of attainable
thrust can be made only if both the Mach number and the
Reynolds number correspond to actual conditions. In
fact, the code stops and writes an error message when  The following entries control the solution for the

XM = 0is input. The TALPHA table must begin with the  optimized surface in the code design mode. For the anal-
smallest angle (most negative) and continue with increasysis of a specified wing surface, omit the following
ingly larger angles up to the largest angle. A wide rangeentries:

of angle of attack is required in order to use the code in

the design mode. This range must cover the angle ofcLDES  design lift coefficient (if CLDES is not

attack forC_gyes0f the original and all subsequent sur- specified, the code defaults to 0.0, which
faces. An error message is written when the angle-of- triggers an ana|ysis-on|y So|uti0n)

attack range is too small.

B7. Design Specifications—Required Input for
Design Mode

CMDES  design pitching-moment coefficient (if
B6. Solution Convergence Criteria—Optional CMDES is not specified, the code defaults
Input to 1000.0, which triggers an optimization

. . o solution without moment restraint
To determine perturbation velocity distributions for )

the input camber surface, the flat wing surface at anjTRDESM maximum number of design iterations

angle of attack of °l and the candidate camber surfaces (default 20)
used in the design mode, a maximum of 70 iterations are
provided. If this number is reached without the conver- See section 7.10 for comments on performance pen-

gence criteria being met, the results for the 70th iterationalties that can result from imposition of CMDES
are printed with an appropriate message. The maximunrestraints. This capability should not generally be used
number of iterations may be changed by the entry for supersonic cruise designs.

ITRMAX maximum number of perturbation velocity

: . In attempting to meet the convergence criteria for
iterations (default 70) ping g

wing design, the code provides for a maximum of 20 iter-
The code convergence criteria are met when, for all wingations. If this number is reached without the convergence
surfaces, the average difference in perturbation velocitycriteria being met, the results for the 20th iteration are
between successive iterations is less than one half oprinted with a warning of the failure to meet the criteria.

1 percent of the average velocity over the wing. If the If desired, the maximum number of design iterations may
average velocity for any wing surface is less than thebe increased or decreased by the ITRDESM entry.
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B8. Design Specifications—Optional Input for TBTEX(1) — TBLEX(2) for both
Design Mode entries); see discussion for ELAR
(p. 58) regarding definition of
leading-edge areas; may be neces-
sary to change ELAR or to place
limits on nonzero g values

The rest of the design mode entries are optional.
These can be valuable for code user control of the design
process but are covered by code defaults if the user
chooses not to exercise the options. Code defaults pro-

vide candidate surfaces which generally provide a CaMrhe code employs linear interpolation of tabular chord

ber surface design with good aerodynamic efficiency. . X ;
The code user, however, may want to tailor a camber sur—InputS to define chords at the required code span

face solution more appropriate to the problem at handlocat'ons'
and may want to search for solutions offering greater

efficiency. The following entries control the region of the wing

affected by the trailing-edge modification surfaces and
The user may select the number of general cambetthe streamwise section shape of these surfaces. The code
surfaces to be used in the optimization process asdefaults exclude these surfaces.
follows:
NTES number of trailing-edge modification
surfaces (limit of 4) (see fig. 18 for
examples); does not represent num-

NGCS number of general camber surfaces covering
entire wing (limit of 8, default 8)

In addition, the user may select exponents that control ber of trailing-edge design areas or
the shape of the various general camber surfaces by use flap surface areas which are con-
of the following entries: trolled by TBTECY and TBTEC
EXPY1, EXPY2, exponents gfused in definition of Inputs
EXPY3, EXPY4 general camber surfaces (defaults: ) ) )
EXPY1 = 0.0, EXPY2 = 1.0, NTEC number of breakpoints used in defi-
EXPY3 = 2.0, and EXPY4 = 3.0) nition of area of wing affected by
. I trailing-edge modification surfaces
EXPX1, EXPX2 exponents of used in definition of (limit of 30)
general camber surfaces (defaults:
EXPX1 =15, EXPX2 = 2.0) TBTECY (NTEC) table ofy values at breakpoints used
To preserve the original surface between the leading- in definition of area of wing affected
edge modification surfaces and the trailing-edge modifi- by trailing-edge modification sur-
cation surfaces for a mission adaptive design, NGCS faces; increasing order pfrom root
may be set to zero. In this case, user options for both to tip
leading-edge and trailing-edge modifications must be
employed. TBTEC (NTEC) table of g values that corresponds to
. . . . TBTECY table; see discussion for
The following entries control the region of the wing ELAR (p. 58) regarding definition of

affected by the leading-edge modification surfaces.
Because wing aerodynamic performance is critically
dependent on the surface shape and pressure loading in
the leading-edge region, these surfaces are essential to

trailing-edge areas; may be neces-
sary to change ELAR or to place
limits on nonzero ¢ values

the optimization process. EXPXTE exponent ok’ — (C— Gg) used in def-

NLEC number of breakpoints used in defi- inition of trailing-edge modification
nition of area of wing affected by surfaces (exponents piare same as
leading-edge modification surfaces used in definition of general camber
(limit of 30, default 2) surfaces) (default 1.5)

TBLECY (NLEC) table ofy values at breakpoints used
in definition of area of wing affected
by leading-edge modification sur-

Leading- and trailing-edge modification surface chords
must be specified for the entire wing semispan even if the
faces: increasing order pfrom root chords are zero. Where an abrupt change in chord occurs,
o values of the chord should be specified for semispan sta-
to tip (default 0.0, TBLEY (NLEY))  4jons just inboard and just outboard of the break. See
TBLEC (NLEC) table of ¢ values that corresponds table ll(e) for an example of leading- and trailing-edge
to TBLECY table (default design surface code inputs.

60



B9. Additional Optional Input

If desired, the design twist and camber may be con-
fined to the wing outboard of the fuselage. The limit of

B10. Reflex Surface Design—Optional Input for
Design Mode

The code permits a design of the wing camber sur-

the general surfaces is controlled by the following input: face in the vicinity of nacelles which further optimizes
the lifting efficiency of the wing by taking advantage of

YFUS  spanwise station of wing—body juncture; this
entry limits wing general camber surfaces to

I ter th ified (default 0.0
values ofy greater than specified (defau ) IREFL

Leading- and trailing-edge camber surfaces may be lim-
ited by existing options; use of these limitations yields a
design lifting surface confined to the wing outboard of
the fuselage.

For an asymmetrical wing design, a design restraint
to eliminate rolling moment may also be applied as
follows:

the pressure field created by the presence of the nacelle.
This option is activated by the input

reflex surface design index (set this index to 1
if code is used to define reflexed camber sur-
face in vicinity of nacelles; use of this option
requires proper definition of input interference
pressure field and corresponding trailing-edge
design surface; code defaults to index of 0,
which bypasses reflex design feature)

See table lI(d) for an example of reflex surface design

code input.

YCG lateral center-of-gravity and rolling-moment
center as fraction of wingspan (default
1000.0 imposes no restraint)

CRTST absolute value of maximum allowable rolling

moment (default 0.01)

B11. Flap Design—Optional Input for Design
Mode

The code provides an automated graphical flap-
fitting technique, described in reference 3, which is acti-

An asymmetric wing reference root chord may be input if vated by the following input:

desired as follows:

CRNSYM reference root chord of asymmetric wing
(default computed by code as chord at

midspan)

The code allows for modifications to the designed
lifting surface after generation of the design and before
evaluation of that surface. This option permits an assess-

IFLPDES flap design index (set this index to 1 if code

is used to define spanwise distribution of
leading- and trailing-edge flap deflections
which approximate designed camber surface;
use this option only for design in which
leading- and trailing-edge modification
surfaces are specified; code defaults to index
of 0, which bypasses flap design feature)

ment of the effect of practical considerations on wing \yhen the flap design feature is used, leading-edge and/or

aerodynamic performance.

Wing trailing-edge ordinates may be altered to pro-
vide less severe lateral surface slopes and to reduce th
incidence of the lifting surface representing the fuselage.
The modification could also be used to provide a straight
line portion of the camber surface at the wing trailing
edge or at trailing-edge flap hinge-line location. The
airfoil section camber lines are altered by use of a formu-
lation that does not change surface slopes at the wing
leading edge so that the design leading-edge thrust condi-
tion is preserved as much as possible.

TDELZTE table of changes in wing trailing-edge ordi- IAFIX

nates expressed as fraction of wing root
chord

This table is used in generation of trailing-
edge ordinates to replace those listed in
code-generated table of surface ordinates;
entry required for each span station listed in
code output in same order of increasing
span stations.

trailing-edge design surfaces must be used, and NGCS
must be set to zero. The chords of these surfaces are
ié]put as the chords of the flaps. The code then designs a
restricted area camber surface for leading- and trailing-

edge areas whose chords are set at 1.5 times the flap
chords.

B12. Design Surface Smoothness Control—
Optional Input

The following user option provides a degree of con-
trol over the smoothness of the camber surface solution:

smoothing operation indicator; set
IAFIX = 1 if smoothed values are
supplied (default 0)

TAFIX (JBYMAX) table of smoothed surface weight-

ing factors replacing code-
generated table in same order
of increasing span stations

See table lI(c) for an example of surface smoothness con-
trol code input.
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B13. Interference Flow Field—Optional Input

The following additional input data provide for a

wing design with pressure fields induced by other air-

performance for supersonic speeds described in refer-
ence 6 and in section 7.10 may be included in the code
calculations by input of the index

plane components taken into account. For normal codEMPCR empirical correction index (this index set to 1

operation, simply omit these entries. If an interference
pressure field is input, the distribution must be specified
by exactly 26 chordwise positions at up to 52 span sta-
tions. When fewer than 26 chordwise positions are use

to define the interference pressure field, the tablé&

must be filled with enough zeros to complete the list

of 26.
ICP

NYCP

TBYCP (NYCP)

NPCTCP

TBPCTCP (NPCTCP)

TCP (NPCTCP, NYCP)

PFMULT

other airplane component-
induced pressure field indica-
tors; set ICP = 1 if this option
is used (default 0)

number of spanwise stations
at which chordwise sections
are used to define interfer-
ence pressure field (limit

of 52)

table o¥ values for interfer-
ence pressure field chord-
wise sections; beginning at
y = 0; increasing order of
from root to tip

number of chordwise stations
used in interference pressure
field definition (limit of 26)

table of chordwise stations, in
percent of chord, at which
interference pressure field
distributions are defined;
increasing order from lead-
ing edge to trailing edge

table of interference pressure

field coefficients that corre-
sponds to TBPCTCP table;
full 26 values for root chord
(including zeros for values in
excess of NPCTCP) are given
first, followed by similar
information for spanwise sta-
tions in increasing order gf

multiplier of input pressure
field coefficients (default 1.0)

implements empirical corrections; index set to
0, code default, bypasses this feature)

OIThis correction adjusts the design lift coefficient to

account for the tendency of linearized theory to overesti-
mate the magnitude of the upwash field for supersonic
speeds. It also corrects the estimated aerodynamic per-
formance to compensate for the tendency of the theory to
be overly optimistic.

B15. Code Output Data

The code is constructed so that successive runs may
be made with a given computer entry. To make addi-
tional runs, it is only necessary to add an identification
record and namelist data that change from the previous
run. An additional capability is provided by the entry
NEWDES. When the code is run in the design mode and
NEWDES is set to 1, a design camber surface is found,
the input set of camber surface ordinates is replaced by
camber surface ordinates for the new design, and this
new design is treated as an evaluation case. In the origi-
nal code, the default for the entry NEWDES was 0,
which provided for a design of the wing surface but not
for a subsequent evaluation. Now, however, because this
feature was found so useful, the default has been changed
to NEWDES = 1. When the NEWDES option is used,
successive runs may be employed to evaluate the new
surface at off-design conditions.

The wing-design camber surface ordinates are
printed for a reference angle of attack defined by an entry
of ALPZPR (reference angle of attack) or CLZPR (refer-
ence lift coefficient). The default is ALPZPR = 0.0.
When CLZPR is specified, the code calculates the corre-
sponding ALPZPR and uses it in the determination of
ordinates.

If the code user desires, span load distribution data
may be printed. If the index IPRSLD is set to 1, section
aerodynamic characteristics, including the separate con-
tributions of basic pressure loadings, attainable thrust,
and vortex forces for each entry in the angle-of-attack
table, are printed. These data are printed only for the
evaluation mode or when the NEWDES option is used in
the design mode.

See table lI(d) for an example of a reflex surface design
with an interference pressure field code input.

B14. Empirical Corrections—Optional Input

An empirical method for selection of design lift

coefficient and estimation of achievable aerodynamic
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The printed code results include the following items:

1. Iteration-by-iteration history of convergence
parameters for longitudinal perturbation velocity
solution; in design mode, data given only for most
critical surface of up to 64 surfaces used and for



flat surface ati = 1°; for supersonic solution in
which iteration not used, printout is omitted

. Listing of spanwise distribution of leading-edge
surface factor, angle-of-attack range for full
thrust, and angle of attack for zero thrust; these
data given for evaluation mode and for all itera-  10.
tions in design mode from first (input surface) to
last (optimized surface); for evaluation mode,
leading-edge surface factors all zero

. Listing of overall theoretical aerodynamic coeffi-
cientsCy, Cp, Cy,, C., andCp with no thrust and
with full theoretical thrust as function of angle of
attack

this replacement arises only when not possible to
provide sufficiently detailed numerical represen-
tation of wing to give closely matched aerody-
namic characteristics in design and evaluation
modes

Listing of suggested spanwise distribution of flap

deflection angles to approximate designed camber
surface and to approach its aerodynamic perfor-
mance when IFLPDES option used and flap chord
information supplied

As discussed at the beginning of this section, provi-
sion has been made for successive runs of the code with a
single computer entry. Under some circumstances, the

. Listing of overall estimated aerodynamic coeffi- following input data quantities may be changed during a

cients includingCy, Cp, andC,, for basic pres-
sure loading ACy and AC, for attainable thrust
and vortex-force increments, a@g, Ca, Cr, Cy,

Cp, andSg for total loading as function of angle
of attack; these data given for evaluation mode
and for all iterations in design mode from first

(input surface) to last (optimized surface) CLDES

. Additional listing of overall wing aerodynamic
characteristics including empirical corrections
for optimized surface when IEMPCOR empirical
correction option employed for supersonic design
and evaluation

. Listing of spanwise distribution of wing-section

aerodynamic characteristics, including separate
contributions of basic pressure loadings, attain-
able thrust, and vortex forces; these data given

NEWDES

computer run. The new values are used for subsequent
runs unless reset by the code user.

JBYMAX may be reduced to keep number of elements

within code limits; new value which depends
on Mach number retained unless respecified

reset to 0.0 after design run performed; sub-
sequent runs for evaluation only unless
CLDES respecified

reset to O after evaluation of newly designed
surface is performed; original input camber
surface descriptiorz& 0 everywhere for
default) is replaced with new values of NYC,
TBYC, NPCTC, TBPCTC, and TZORDC

for designed surface which are retained
unless respecified

only for evaluation mode (or when NEWDES TZSCALE reset to 1.0 after rescaling operation per-

option used in design mode) and given only if
print option IPRSLD setto 1

. Listing of wing-surface ordinates as function of
chord position for each of span stations used in
code solution

TBLEC

. Listings of lifting pressure distributions for cam-
ber surface at = 0° and for flat surface at = 1°

. Listing of leading-edge surface factors used in CLZPR
design and listing of suggested replacement val-
ues which may lead to improved performance
when NEWDES option used; generally, need for

formed; any subsequent rescaling activated
by setting TZSCALE to value other than 1.0
applied to newly rescaled surface

values multiplied within code by 1.5 when
flap design option (IFLPDES = 1) is
employed; this new table replaces original
input; TBLEC must be respecified if subse-
quent design performed

reset to 1000 at completion of each computer
run; for following run, camber surface ordi-
nates printed for angle of attack &funless
CLZPR respecified
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Appendix C

Estimation of Idealized Minimum Drag and
Maximum Suction Parameter

For both the AERO2S and WINGDES codes, the —-
suction parameter is employed as a means of rating the
relative aerodynamic efficiency of wing lifting surfaces.

In this parameter, the drag of a given wing surface is
compared with that of a flat wing without leading-edge

thrust or vortex force€, tan (C /C.,) and with that —— | ——>
of a wing with an elliptical span load distribution and a
corresponding uniform downwaﬂf/TrAR. This means
of rating performance is quite appropriate for subsonic
speeds where the vortex drag due to lift with its theoreti- Sketch C-1
cal minimum ofCE/T[AR is the only appreciable contri-

bution. However, at supersonic speeds and whenever the

local flow becomes anywhere supersonic, a new sourcé"’h'Ch tak? Into_account the second derlva_tlve_ of the
of drag—wave drag due to lift—is introduced. As a mat- cross-sectional area with respect to the longitudinal dis-

ter of convenience, the suction parameter definition used@nce from the body nose. Hayes shows that the drag due
for supersonic speeds is the same as that used for sulk® lift of the system as a whole may be represented as the

sonic speeds because, for wave drag due to lift, there igve:agefz drag tOfgfgg series of bodies covering azimuth
no simple means of estimating minimum values and the@Ngles from v 1o '

limits used in the subsonic form are easily reproducible At a given point along the axis of an equivalent body
and not subject to problems of interpretation. The t€rms¢qr 4 given azimuth angle, the equivalent cross-sectional
are dependent only on geometric properties and on a flagyeg s the result of an accumulation of the component of
surface lift-curve slope, which can be evaluated by anyjiting forces directed along the azimuth line. The sum-
valid numerical solution of I|ne'ar|zed theory. Use of the ation includes all lifting forces generated by the object
same form for both speed regimes, however, means thafonyard of the intersection with the object of a fore Mach

supersonic suction parameters cannot approach a limitinggne from the specified field point as shown in figure C1.
value of 1.0 as they do for low subsonic speeds. How-

ever, a process although somewhat complicated may be  For simplicity, the lifting object shown in the figure
used to estimate minimum wave drag due to lift and anis a thin delta wing without twist and camber at a very
upper limit of suction parameter for supersonic speeds. small angle of attack. As shown in the plan view, the fore
Mach cone intersection with the wing plane has a para-
In reference 26, Hayes developed a method of calcuyglic shape. For large distances, this intersection is
lating wave drag due to lift by consideration of the flow essentially a straight line with an intersection argle

field created at large distances from the object generatingrinrough use of some trigonometry, the intersection angle
the lift. The method is closely related to the well- may pe given as

publicized area rule concept for the calculation of wave
drag generated by the volume or thickness of bodies and _ 1

. ) . \ = 10 O
wing—body combinations. Calculations begin with the =tan [ cosql)
creation of a series of equivalent bodies of revolution,

each corresponding to a particular portion of the flow g5,  delta wings with subsonic leading edges
field propagating away from the body along azimuth BcotA, <1, length of each body up to the point at

anglesp as shown in figure C1. Each of these bodies hashich all the forces are accumulated as shown in
an equivalent cross-sectional area development related tQetch C-1 is

the summation of the component of lift-generated forces
acting along that azimuth angle. The drag of each of
these bodies may be calculated by use of fornfulas, e = I%

e g ———>

CotAje
+

tanA U
[(1+ B cot/, cosy)

A presentation of these integral formulas is not necessary for the
purpose of this analysis because the drag need be found only for
very specialized cases for which analytic solutions have alreadyBeyond this point the equivalent cross-sectional area is
been published. constant, and no more drag is created. For delta wings

64



_ Ae,max
Ae
X
Sketch C-3
| | >
— Ae,max
[ ————
Sketch C-2
Ae
with supersonic leading edggscotA > 1 shown in
sketch C-2, the equivalent body length is
le = [(2B cotA cos@) N
Hayes (ref. 26) shows that the equivalent cross- Sketch C-4

sectional area of any point on a body for a given azimuth
angle is given by the relationship
Sears-Haack body for minimum drag for a given length
A = B & E' dx and maximum cross-sectional arc has an area distribution
e 2q Io L for its front half (up to the maximum area) as shown in

, sketch C-4. The drag coefficient of this half-body is
whereF| is the rate of growth of the lifting force with given by

increasing distance (for example, lift in pounds per foot
of distance). At the distandg the point at which all the

lifting force has been taken into account, the cross- C. . 1t Amax
sectional area will be D.min =2 2
A = _—BC Ssin i i ini
emax ~ o “L ¢ This formula may be used to define a minimum wave

drag due to lift for each equivalent body associated with
The negative sign accounts for the occurrence of thea given azimuth angle. First the minimum drag equation
maximum force directly below the lifting object at is changed to provide a coefficient based on the wing
@=-90°. The actual distribution of the equivalent area reference area rather than the body maximum area as
with longitudinal distance is dependent on the wing follows:
geometry and the loading distribution. As shown in

sketch C-3, the development may have a quite arbitrary 2
shape and the drag of a given body may in some C _ Amax
instances be very large. One way of estimating minimum D.min = 25 2

achievable wave drag due to lift is to assume that the !

wing may be shaped to provide an optimum equivalent , _ ) .
area distribution and a corresponding minimum drag for 1 n€n with the substitution of the previously defined
each equivalent body required for the drag calculation. Efféctive areae ma,and the effective length, for the
Such a limit may not be realistically attainable, but it Pody area and length,

does represent an idealized nonzero goal.

An optimum body of revolution and its minimum Cb min = EBZCESEQIMPEF
drag suitable for this study is given in reference 27. The ’ 8 e
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or from @ = 0° to 9C¢. The minimum wave drag due to lift is

thus
2 [‘F
| O

_ T
CD,min - éB C

| (/)

D

N

1 O rsin
| (ACp min) :‘BC I%% 0 %i_”(pgd
To find the average drag coefficient for the series of Sketch C-5 shows a plot of the integrand term as a func-
bodies corresponding to values @ffrom @ to 360, tion of the azimuth angle for delta wings with various
integrating the term containing simandl, is necessary.  values of the leading-edge sweep parameter. A numerical
As noted previouslye is dependent on the leading-edge integration of these curves permits the calculation of an
sweep parameter as well as the agglBecause of sym-  average drag for each of the selecfedot A\, values.
metry, the average drag can be found by an integratiorResults of the integration are shown in sketch C-6. This

()

¢, deg
Sketch C-5

3 cot Ale
1 + B cot /\|e

0 2 4 .6 .8 1.0
[ I I I I I

(ACp min)w
g B2 CZL(SIIZ)

( en)

0 2 4 6 1.0 20 4.0 o0
f3 cot Ale

Sketch C-6
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plot uses a scale for the leading-edge sweep parameter
BcotA, that permits representation of the full
range of values from zero to infinity. The quantity

B cotA/(1+PBcotA) is plotted on a linear scale.

Although this technique for calculation of minimum
wave drag was derived for a delta wing, it can also be
applied to arrow wings. In fact, the calculation process
may be employed in estimation of the minimum wave
drag due to lift for wing—body configurations with wings
of arbitrary planform by substitution of an appropriate
arrow wing for the actual planform. Sketch C-7 helps to
illustrate how such a replacement arrow wing may be
found through a superposition of planforms. When, as
shown in the sketch, the actual planform includes the
fuselage, little weight should be given to the fuselage
portion which typically generates little of the total lift.
The length of the arrow wing should represent a longitu-
dinal distance over which the lift may be developed in an
efficient manner. Likewise, the span should represent a
lateral distance over which a near-elliptical span load dis-
tribution may be achieved.

For an arrow wing as shown by the dashed line in
sketch C-7, the wing reference area may be expressed as

2
S= IE(l—kn)(B COtAo)

The minimum wave drag due to lift for any arrow wing
may thus be expressed as

Sketch C-8

Sketch C-9

(ACD,min) T 1 9sin
2 ¥ =GBk (BootA) g [ Eﬁell‘pg do
L

SR

Sketch C-7

If the actual wing reference area differs from the arrow
wing reference area, the right-hand side of the equation
should be multiplied by the ratio of the reference area to
the arrow wing area.

The effective equivalent body lengths for use in the
drag equation take on values defined in the following for-
mulation which accounts for subsonic and supersonic
leading edges and positive or negative notch ratios:

Ie = Xo— Xy

le = (X3—X;)(1+ B cosA, coso)

le = (X3—Xq) + (X3—X;)(B cosA, cosp—1)
le = (X3—%;)(2B cos/A\ |, cos@)

Use whichever length is greatest.

For some situations, for example, those shown in
sketches C-8 and C-9, the belief that an optimum wing
loading could be maintained over the lengths given by
the formula is not reasonable. Optimum load distribu-
tions do not depart to any great degree from that given by
uniform lifting pressures. A uniform load would have a
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center of pressure of the centroid of area which for anln contrast to the wave drag, the vortex drag is zero for
arrow wing is B cotA, = », which represents a wing of infinite span,
and is infinite forB cotA, = 0.

The minimum total drag due to lift obtained by an
addition of these two curves occursfatot A, = 0.8 for
For the wing shown in sketch C-8, one half the total lift the delta wings and at lower valuesofot A, for more
would be accumulated when the cutting plane intersec-highly swept leading edges. An important drag contribu-
tion labeled B is reached. No matter how the load is dis-tion so far not discussed in this analysis that has a strong
tributed over the rest of the wing, the drag is not likely to impact on the choice of leading-edge sweep angle is the
be any lower than that of an equivalent body terminatingwave drag due to the configuration thickness or volume.

1 1
Xe = 3(Xpg=Xg) +3(X3=X%y)

at the cutting plane intersection C whose length is

_ 2
le = 2%, = é(x2+x3)

If the arro ing leading edge is supersonic, for some > . , i
W wing Ing €Cge 1S Sup I ption drag falls well within the subsonic leading-edge

cutting plane intersections the equivalent body lengt
may be greater tharx2as shown in sketch C-9 where

2
le = :—)’(x2 + X —2X%;) + 2(X3—X1)(B COt A\, cos@—1)

This contribution tends to increase with increasing values
of the leading-edge sweep parameiarosA . in much
the same way as does the wave drag due to lift. When
this additional drag term is taken into account, the wing
sweep angle for minimization of the complete configura-

range. The optimum leading-edge sweep parameter
B cos/\, must be evaluated on an individual basis for
any given design exercise.

The maximum attainable suction parameter may be

Whichever of these two body lengths is longer is taken to€Xxpressed as
be a maximum not to be exceeded by lengths defined

solely by cutting planes. By use of numerical evaluation
of the integral in the equation for wave drag due to lift,
the minimum wave drag due to lift for arrow wings may

be represented by curves shown in figure C2. A value of

zero for B cos/\|, represents a wing of infinite length
and no span which has no wave drag due to lift. On th
other extremefd cosA, = « represents a wing of infi-

nite span and no length which has an infinite wave drag

due to lift.
The minimum vortex drag due to lift for arrow wings

may also be represented by figure C2. The minimum vor-

tex drag due to lift is simply
ct
(ACD,min)Vor = m

For the arrow wing shown in the sketch at the top of fig-
ure C2, the span is

2l
B

and the aspect ratio is

b = =(BcotA,)

b® _ 4 B COtA

AR=S 1k

Thus the minimum vortex drag due to the lift is

(ACD,min)\/or - L 1_kn
CE 41 B cot/,
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C, tan(C /C, ) - [(chmm)W " (Cf/TrAR)J

SS,max =

C_tan(C_/C, ) - (CITAR)

Through use of lift-curve sIope@La evaluated by the

SWINGDES code, the maximum suction parameters

shown in the plot at the bottom of figure C2 were
obtained. This plot shows that high values of suction
parameter comparable with those attainable at subsonic
speed could be realized only if it were possible to use
wings with high notch ratios. For more practical arrow
wings approaching the delta wing planform, the potential
for high values of suction parameter is much reduced. In
addition, it must be recognized that the high values of
maximum suction parameter for highly swept wings
(B cos/, approaching zero) are countered by high
values of vortex drag which tend to negate the wave drag
improvements. It should also be reiterated that the
arrow wing performance maximums given here are,
as mentioned previously, based on highly idealized
assumptions.

Before using the plot foBs 5 in figure C2 to esti-
mate achievable values of the suction parameter, an addi-
tional factor must be taken into account. Reference 6 has
shown that as Mach number increases, linearized theory
becomes less reliable as an indicator of aerodynamic per-
formance. Achievable suction parameters were shown to
decline with increasing Mach number. A plot of the ratio
of achieved experimental suction parameters to theoreti-
cally indicated suction parameters from reference 6 are
repeated in sketch C-10. A final realistic estimate of



maximum suction parameter may thus be found by 1.0 —
applying theKg factor for a given Mach number from

sketch C-10 to the theoretical maximum suction parame- 8

ter defined by the equation fcﬁﬁsymax or by the curves

of figure C2. Ssep O
Ke=

The minimum wave drag due to volume may be esti- S Ssth 41
mated through use of another Sears-Haack body of revo-
lution that gives minimum wave drag for a given length 2=
and volume. The drag coefficient of this body is

olL | | |
1 2 3 4
2
_ 128l oy M
(Cpominy = 57 g0
0~0 Sketch C-10
or where the quantitw2/3/8 is a measure of the configura-
tion volume. Although the same parameters as seen in
128!2,0v O the expressions fo(ACp o miny ~ @NEACp o min)yor
(Cpominy = 7 < Gz O reappear here, it is no longer possible to construct a plot
m S 02 0o . . ; e )
eV covering the range of variables given in figure C2. How

ever, for a given notch ratio and a selected Mach number
with |, representing an effective length for each equiv- and design lift coefficient, as well as a specified volume
alent body corresponding to a given azimuth amgle and skin friction drag coefficients, informative plots such
Then the minimum wave drag due to volume for a wing— as that shown in figure C3 may be prepared.

body configuration may be given as Figure C3 is intended only to serve as an example of

2 2 the application of the minimum drag expressions. These
c o= 1281° E'.\_/D 1 180 1 do results are for a simplified and not very practical case.
D.OmMw = g S 030 180,[0 (.4 Nevertheless, they do illustrate the character of the vari-
ey ous drag components and the trade-offs involved in the

If the actual wing reference area differs from the arrow S€@rch for optimized configurations. The design condi-

wing area, the right-hand side of the equation should belions are assumed to be
multiplied by the ratio of the arrow wing area to the ref- k. =00 (Delta wing)
erence area.

M =20
The effective equivalent body lengths take on values
of h = 50000 ft
. S = 8000 ff
e~ ™M
C, =012
le = Xq + (X3—%4)(1+ B cotA, coso) -
le = X4+ (X3—X;)(B cOtA\|,cos@—1) — X, V? =0.10

= (X2 —X4)(2B cot A, cos
(X3 =%)(2P le €OS®) Again, the results are shown as a function of the leading-

Use whichever length is the greatest. edge sweep angle parameter. Each minimum drag

expression previously discussed is represented as is an

~ This collection of expressions for drag component estimate of skin friction drag. The total drag with an
idealized minimums in combination with estimates of the empirical drag correction term is given as follows:

remaining skin friction drag may be used in studies

aimed at setting performance limits. As an example, con- L CE
sider an arrow wing with all the volume contained within ACp cor = (Sgth—Ss emp {CL tanC— - m}
the planform. For such a configuration, the minimum L

wave drag due to volume may be expressed as

a

whereSg op is an estimated achievable suction parame-
128 283, 90 4 ter obtained by application &g for.a given Mach num-

(Cp.ominy = =l (1—kn)B cotA]? DDL——S 096 % do ber to the theoretical maximum suction parameter. Some
e o (1) of the wing planforms represented are shown by
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sketches. As shown by the curves for tag), an opti- limits on achievable performance for specific airplane
mum planform will have a leading-edge swept well designs to separate reasonable projections from outland-
behind the Mach line. The optimughcot/A|,  is strongly ish claims. The strategies for the estimation of drag
influenced by the contribution of wave drag due to minima outlined in this appendix have been incorporated
volume. into a computer code, CDMIN. Although the code deri-
vation as shown here is quite complex, the code itself is

These idealized minimum drag components could be®aSy to use. The user is required to input only the Mach
valuable for parametric studies of aerodynamic perfor- Number, the wing reference area, the wing span, the con-
mance dependence on fundamental configuration geofiguration volume, and the dimensioxssto x4 shown in
metric parameters. They should also be useful in placingsSketch C-7.

Fore Mach coneJ
Field point

Intersection
of Mach cone
with wing plane —~

Field point

Field point

Tangent

Top view

)Ay\cos 0]

Projection

Rear view and projection

_Aycoso
Ax = g
S [ | Ay
A=tan = & =tan |£Ay cos @)/tan 1;|
_1/tanp _1< 1 >
A=tan ~(—— )=
—,——— - —-—- — Wing plane <cos (p> Bcosq

Side view

Figure C1. lllustration of area rule concepts.
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Figure C2. Idealized minimum drag due to lift for arrow wings.
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Table I. Sample Input Data for AERO2S Code

(a) Aspect ratio 2 wing—body

AR 2 DELTA - HALL, RM A53A30 5 PCT - TWISTED AND CAMBERED
$INPT1 XM=.61,RN=3.0,JBYMAX=12,ELAR=4.0,
SREF=578.0,CBAR=22.67,XMC=38.12,XMAX=60.44,
CLDES=.3,
NLEY=4,TBLEY=0.000,1.650,2.620,17.00,
TBLEX=0.000,16.06,26.28,55.12,
NTEY=4,TBTEY=0.000,2.000,2.210,17.00,
TBTEX=60.44,60.44,55.12,55.12,
NYC=12,TBYC=0.0,2.6,2.62,3.4,5.1,6.8,8.5,10.2,11.9,13.6,15.3,17.0,
NPCTC=9,
TBPCTC=0.000,2.500,5.000,10.00,20.00,40.00,60.00,80.00,100.0,
TZORDC=0.000,0.000,0.000,0.000,0.000,0.000,0.000,0.000,0.000,17*0.0,
0.000,0.000,0.000,0.000,0.000,0.000,0.000,0.000,0.000,17*0.0,
0.409,0.510,0.546,0.446,0.211,0.097,0.057,0.023,0.005,17*0.0,
0.557,0.665,0.708,0.726,0.406,0.200,0.128,0.082,0.053,17*0.0,
0.836,0.950,1.014,1.087,1.055,0.524,0.330,0.255,0.193,17*0.0,
1.114,1.226,1.293,1.390,1.480,1.162,0.725,0.548,0.437,17*0.0,
1.393,1.494,1.564,1.655,1.780,1.815,1.453,1.016,0.819,17*0.0,
1.672,1.761,1.824,1.922,2.060,2.193,2.178,1.972,1.524,17*0.0,
1.950,2.023,2.076,2.163,2.296,2.467,2.553,2.569,2.513,17*0.0,
2.229,2.282,2.324,2.392,2.502,2.665,2.781,2.862,2.917,17*0.0,
2.508,2.538,2.562,2.604,2.675,2.790,2.883,2.962,3.031,17*0.0,
2.787,2.787,2.787,2.787,2.787,2.787,2.787,2.787,2.787,17*0.0,
NYR=4,TBYR=0.000,2.600,2.620,17.00,
TBTOC=0.000,0.000,.0500,.0500,
TBROC=0.000,0.000,.0028,.0028,
TBETA=.3000,.3000,.3000,.3000,
NALPHA=13,TALPHA=-4.0,-2.0,0.0,2.0,4.0,6.0,8.0,10.0,12.0,14.0,
16.0,18.0,20.0, $
AR 2 DELTA - HALL, RM A53A30 5PCT FLAT
$INPT1 TZSCALE=0.0, $
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Table |. Continued

(b) Cranked wing supersonic fighter

SUPERSONIC CRUISE FIGHTER - CAMPBELL, TP 2687 - DLN=15,DTN=10
$INPT1 XM=0.50,RN=2.9,JBYMAX=8,ELAR=4.0,IVOROP=1,IPRSLDA=1,
SREF=163.5,CBAR=12.4,XMC=20.64,XMAX=33.50,
NLEY=8,TBLEY=0.000,0.470,0.870,1.160,1.190,1.200,5.510,9.550,
TBLEX=0.000,2.000,4.000,6.000,6.540,12.88,26.37,27.84,
NTEY=4,TBTEY=0.000,1.200,1.210,9.550,
TBTEX=33.50,33.50,31.70,29.79,
NYC=2,TBYC=0.00,9.55,NPCTC=2,TBPCTC=0.00,100.0,TZORDC=52*0.0,
NYR=5,TBYR=0.000,1.200,5.510,5.520,9.550,
TBTOC=0.000,.0160,.0400,.0400,.0400,
TBR0OC=0.000,.0001,.0004,.0010,.0010,
TBETA=.5000,.5000,.5000,.5000,.5000,
NLEFY=5,TBLEFY=0.000,1.200,4.630,5.510,9.550,
TBLEFC=0.000,0.000,3.310,1.080,.4870,
TBLEFD=0.000,4.252,4.252,14.67,14.67,
NTEFY=4,TBTEFY=0.000,1.540,1.550,9.550,
TBTEFC=0.000,0.000,1.658,.4870,
TBTEFD=0.000,0.000,9.972,9.972,
NADLEFD=1,TXMLEFD=0.000,
NADTEFD=1,TXMTEFD=0.000,
NALPHA=14,TALPHA=-6.,-4.,-2.,0.0,2.,4.,6.,8.,10.,12.,14.,16.,
18.,20.,, $
SUPERSONIC CRUISE FIGHTER - CAMPBELL,TP 2687 - DLN=30,DTN=20
$INPT1 TBLEFD=0.000,9.100,9.100,29.42,29.42,
TBTEFD=0.000,0.000,19.94,19.94, NADLEFD=0,NADTEFD=0 $
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Table |. Continued

(c) Subsonic transport

SUBSONIC TRANSPORT WING BODY - CAPONE, TN D-5971
$INPT1 XM=.55,RN=2.25,JBYMAX=10,ELAR=8.0,
SREF=3674.3,CBAR=21.17,XMC=83.34,XMAX=171.2,
NLEY=6,TBLEY=0.000,4.000,8.000,11.22,32.19,87.80,
TBLEX=0.000,6.000,20.00,60.88,76.09,105.1,
NTEY=6,TBTEY=0.000,4.000,8.000,11.22,32.19,87.80,
TBTEX=171.2,160.0,142.0,98.11,98.11,114.8,
NYC=10,TBYC=0.000,4.0,8.0,11.2,11.22,16.44,25.48,32.19,82.20,87.80,
NPCTC=9,
TBPCTC=0.000,2.500,5.000,10.00,20.00,40.00,60.00,80.00,100.0,
TZORDC=0.000,0.488,0.943,1.752,2.970,3.965,4.645,7.172,12.56,17*0.0,
0.610,1.010,1.400,2.100,3.100,4.000,4.600,6.300,10.30,17*0.0,
1.900,2.150,2.400,2.800,3.400,4.000,4.400,5.400,7.650,17*0.0,
3.800,3.820,3.840,3.880,3.960,4.120,4.280,4.440,4.600,17*0.0,
0.659,0.700,0.720,0.685,0.505,0.380,0.270,0.160,0.000,17*0.0,
0.294,0.460,0.495,0.512,0.472,0.375,0.270,0.160,0.000,17*0.0,
0.000,0.170,0.240,0.340,0.390,0.340,0.255,0.125,0.000,17*0.0,
0.000,0.128,0.206,0.295,0.347,0.304,0.247,0.131,0.000,17*0.0,
0.000,0.063,0.101,0.145,0.170,0.149,0.110,0.064,0.000,17*0.0,
0.000,0.056,0.090,0.129,0.152,0.133,0.108,0.057,0.000,17*0.0,
NYR=6,TBYR=0.000,11.22,16.44,25.48,32.19,87.80,
TBTOC=0.145,0.154,0.125,0.100,0.100,0.100,
TBROC=0.013,0.038,0.018,0.004,0.005,0.005,
TBETA=0.320,0.200,0.300,0.400,0.400,0.400,
NALPHA=13,TALPHA=-2.0,-1.0,0.0,1.0,2.0,3.0,4.0,5.0,6.0,7.0,8.0,9.0,
100, $
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Table I. Continued

(d) Supersonic transport wing—body—horizontal tail

SUPERSONIC TRANSPORT WITH DEFLECTED FLAPS AND HORIZONTAL TAIL - YIP, TM 80152
$INPT1 XM=0.09,RN=4.19,JBYMAX=10,ELAR=6.0,
SREF=14400.0,CBAR=77.76,XMC=220.91,XMAX=372.0,
NLEY=4,TBLEY=0.0000,7.0000,51.710,81.330,
TBLEX=0.0000,104.70,234.55,280.20,
NTEY=4,TBTEY=0.0000,7.0000,25.800,81.330,
TBTEX=372.00,277.70,277.70,294.97,
NYC=15,TBYC=0.0000,4.4090,13.482,20.899,23.218,27.202,29.498,
38.294,47.061,49.819,53.701,56.458,67.509,76.399,
81.330,
NPCTC=10,
TBPCTC=0.000,5.000,10.00,20.00,30.00,40.00,50.00,60.00,80.00,100.0,
TZORDC=14.30,15.20,17.50,17.40,15.40,12.55,10.00,8.000,6.000,10.00,16*0.0,
13.20,13.20,12.79,11.24,9.250,7.380,5.700,4.250,2.000,.6000,16*0.0,
6.250,6.780,6.990,6.890,6.200,5.320,4.500,3.770,2.330,1.000,16*0.0,
4.280,4.850,5.250,5.430,5.130,4.600,4.030,3.500,2.470,1.420,16*0.0,
4.030,4.600,4.940,5.200,4.980,4.450,3.930,3.430,2.470,1.500,16*0.0,
3.760,4.270,4.600,4.890,4.660,4.220,3.780,3.300,2.380,1.560,16*0.0,
3.530,4.000,4.370,4.650,4.430,4.100,3.660,3.200,2.350,1.580,16*0.0,
1.950,2.430,2.800,3.120,3.070,2.880,2.680,2.450,2.000,1.580,16*0.0,
0.660,0.960,1.200,1.480,1.600,1.630,1.660,1.630,1.570,1.480,16*0.0,
0.470,0.700,0.880,1.120,1.250,1.330,1.400,1.420,1.430,1.430,16*0.0,
0.330,0.450,0.580,0.760,0.900,1.040,1.130,1.210,1.300,1.340,16*0.0,
0.260,0.370,0.430,0.590,0.720,0.870,0.980,1.070,1.200,1.280,16*0.0,
0.300,0.310,0.320,0.350,0.410,0.470,0.550,0.620,0.790,0.930,16*0.0,
0.270,0.270,0.270,0.280,0.290,0.310,0.330,0.360,0.430,0.520,16*0.0,
0.280,0.280,0.280,0.280,0.280,0.280,0.290,0.300,0.330,0.400,16*0.0,
NYR=7,TBYR=0.00000,4.40900,20.8990,38.2940,51.7000,51.7100,81.3300,
TBTOC=0.04000,0.02380,0.02870,0.03000,0.03000,0.03000,0.03000,
TBROC=0.00000,0.00024,0.00050,0.00048,0.00040,.000003,.000013,
TBETA=0.50000,0.66000,0.55000,0.58000,0.60000,0.60000,0.60000,
NLEFY=10,TBLEFY=0.000,7.000,7.010,17.59,17.60,44.42,51.71,64.00,64.01,81.33,
TBLEFC=0.000,0.000,18.84,18.80,18.80,18.78,8.370,6.770,6.770,4.510,
TBLEFD=0.000,0.000,4.300,4.300,12.80,12.80,11.20,11.20,17.60,17.60,
NTEFY=10,TBTEFY=0.000,17.00,17.01,25.80,25.81,36.59,36.60,61.00,61.01,81.33,
TBTEFC=0.000,0.000,15.93,15.93,0.000,0.000,14.50,9.650,0.000,0.000,
TBTEFD=0.000,0.000,30.00,30.00,0.000,0.000,30.00,30.00,0.000,0.000,
NADLEFD=1,TXMLEFD=0.0,
NADTEFD=1,TXMTEFD=0.0,
ILS2=2,DELTA2=-5.0,
NLEY2=2,TBLEY2=2.0000,23.700,
TBLEX2=323.20,348.99,
NTEY2=2,TBTEY2=2.0000,23.700,

TBTEX2=361.00,355.39,
NYC2=2,TBYC2=2.0000,23.700,NPCTC2=2,TBPCTC2=0.0000,100.0,
TZORDC2=52*0.0,

NYR2=2,TBYR2=2.000,23.70,

TBTOC2=0.035,0.035,

TBROC?2=0.000,0.000,

TBETA2=0.500,0.500,
NALPHA=16,TALPHA=-6.0,-4.0,-2.0,0.0,2.0,4.0,6.0,8.0,10.0,12.0,14.0,
16.0,18.0,20.0,22.0,24.0, $
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Table I. Continued

(e) Two-dimensional airfoil

NACA 4409 AIRFOIL, REPORT 586 - ATTAINABLE THRUST CALIBRATION
$INPT1 XM=.06,RN=8.0,JBYMAX=1,ELAR=25.0,IVOROP=0,
XMCPLT=1.0,
SREF=2.0,CBAR=1.0,XMC=0.25,XMAX=1.0,
NLEY=2,TBLEY=0.000,1.000,
TBLEX=0.000,0.000,
NTEY=2,TBTEY=0.000,1.000,
TBTEX=1.000,1.000,
NYC=2,TBYC=0.0,1.0,NPCTC=10,
TBPCTC=0.000,2.500,5.000,10.00,20.00,30.00,40.00,60.00,80.00,100.0,
TZORDC=0.000,.0062,.0104,.0182,.0302,.0374,.0400,.0357,.0235,0.000,
16*0.0,
0.000,.0062,.0104,.0182,.0302,.0374,.0400,.0357,.0235,0.000,
16*0.0,
NYR=2, TBYR=0.000,1.000,
TBTOC=0.090,0.090,
TBROC=.0089,.0089,
TBETA=.3000,.3000,
NALPHA=13,TALPHA=-8.0,-6.0,-4.0,-2.0,0.0,2.0,4.0,6.0,8.0,10.0,12.0,
14.0,16.0, $
XMCPLT=0.80
$INPT1 XMCPLT=0.80, $
XMCPLT=0.60
$INPT1 XMCPLT=0.60, $
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Table I. Continued

(f) Supersonic transport flap sytem evaluation

SUPERSONIC TRANSPORT EXAMPLE - FLAP EVALUATION

$INPT1 XM=.3,RN=2.0,JBYMAX=10,ELAR=4.0,
SREF=2.65,CBAR=1.85,XMC=2.77, XMAX=5.47,

CLDES=.6,

NLEY=13,
TBLEY=0.00,0.04,0.10,0.112,0.20,0.30,0.40,0.50,0.60,0.70,0.80,0.90,1.00,
TBLEX=0.00,0.20,1.00,1.425,1.95,2.55,3.02,3.32,3.56,3.78,4.00,4.22,4.43,
NTEY=13,
TBTEY=0.00,0.04,0.10,0.112,0.20,0.30,0.40,0.50,0.60,0.70,0.80,0.90,1.00,
TBTEX=5.47,5.15,4.28,4.075,4.11,4.18,4.26,4.34,4.43,4.51,4.60,4.68,4.76,

NYR=4,TBYR=0.0000,0.5000,0.8000,1.0000,
TBTOC=0.0300,0.0300,0.0300,0.0300,
TBROC=.00030,.00030,.00050,.00050,
TBETA=0.5000,0.5000,0.5000,0.5000,

NYC=20,

TBYC=0.0000,0.0405,0.0946,0.1486,0.2027,
0.2568,0.3108,0.3649,0.4189,0.4730,
0.5270,0.5811,0.6351,0.6892,0.7432,
0.7973,0.8514,0.9054,0.9595,1.0000,

NPCTC=13,

TBPCTC=0.00,5.00,10.0,15.0,20.0,30.0,40.0,50.0,60.0,70.0,80.0,90.0,100.0,

TZORDC=
0.000000,
-0.143945,
-0.241472,
0.000000,
-0.098756,
-0.220214,
0.000000,
-0.034445,
-0.110650,
0.000000,
-0.006233,
-0.039191,
0.000000,
0.003218,
-0.009765,
0.000000,
0.0107083,
0.012749,
0.000000,
0.016938,
0.028782,
0.000000,
0.019930,
0.038234,
0.000000,
0.021225,

-0.004681,

-0.180760,
-0.240753,

-0.000794,

-0.132249,
-0.242517,
0.002250,
-0.051759,
-0.131416,
0.002784,
-0.013038,
-0.049239,
0.002826,
0.000706,
-0.006247,
0.003150,
0.011297,
0.014052,
0.003687,
0.019622,
0.032042,
0.003996,
0.023506,
0.044912,
0.004165,
0.025039,

-0.019204,
-0.210323,
-0.227979,
-0.008815,
-0.164330,
-0.260285,
0.001000,
-0.070511,
-0.152325,
0.003749,
-0.020937,
-0.047659,
0.004374,
-0.002395,
-0.006488,
0.005279,
0.011690,
0.011896,
0.006449,
0.022285,
0.032985,
0.007093,
0.027108,
0.047363,
0.007439,
0.028834,

0.040849, 0.046328, 0.048703,

-0.037864, -0.058624,
-0.230986,
13*0.000000,
-0.020353, -0.034084,
-0.193929,
13*0.000000,
-0.002214, -0.006841,
-0.090256,
13*0.000000,
0.003652, 0.002763,
-0.029711,
13*0.000000,
0.005197, 0.005492,
-0.005927,
13*0.000000,
0.006864, 0.008072,
0.012018,
13*0.000000,
0.008736, 0.010709,
0.025056,
13*0.000000,
0.009734, 0.012077,
0.030866,
13*0.000000,
0.010255, 0.012769,
0.033458,
13*0.000000,

-0.102124,

-0.065313,

-0.019173,

-0.000819,

0.004920,

0.009720,

0.014054,

0.016207,

0.017219,
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Table I. Concluded
() Concluded

0.000000, 0.004015, 0.007141, 0.009803, 0.012153, 0.016236,

0.019821, 0.023154, 0.026402, 0.029545,

0.032310, 0.034719, 0.036816, 13*0.000000,

0.000000, 0.003587, 0.006314, 0.008581, 0.010531, 0.013782,

0.016472, 0.018834, 0.021203, 0.024716,

0.027540, 0.029189, 0.029484, 13*0.000000,

0.000000, 0.003272, 0.005721, 0.007716, 0.009387, 0.012037,

0.014042, 0.015617, 0.017326, 0.022147,

0.026038, 0.027793, 0.026923, 13*0.000000,

0.000000, 0.003022, 0.005289, 0.007120, 0.008629, 0.010923,

0.012492, 0.013523, 0.014141, 0.019504,

0.025285, 0.028579, 0.028468, 13*0.000000,

0.000000, 0.002919, 0.005129, 0.006919, 0.008392, 0.010606,

0.012064, 0.012933, 0.013328, 0.017458,

0.022008, 0.027143, 0.029196, 13*0.000000,

0.000000, 0.002687, 0.004845, 0.006657, 0.008188, 0.010546,

0.012104, 0.012968, 0.013209, 0.012882,

0.016794, 0.022316, 0.026000, 13*0.000000,

0.000000, 0.002574, 0.004769, 0.006690, 0.008372, 0.011099,

0.013056, 0.014303, 0.014880, 0.014816,

0.014202, 0.017284, 0.020543, 13*0.000000,

0.000000, 0.002450, 0.004689, 0.006741, 0.008613, 0.011840,

0.014391, 0.016282, 0.017520, 0.018114,

0.018069, 0.017478, 0.018368, 13*0.000000,

0.000000, 0.002307, 0.004567, 0.006734, 0.008790, 0.012535,

0.015754, 0.018420, 0.020515, 0.022024,

0.022938, 0.023247, 0.022945, 13*0.000000,

0.000000, 0.002143, 0.004383, 0.006618, 0.008811, 0.012994,

0.016828, 0.020254, 0.023230, 0.025728,

0.027724, 0.029200, 0.030140, 13*0.000000,

0.000000, 0.001989, 0.004165, 0.006396, 0.008634, 0.013030,

0.017221, 0.021127, 0.024697, 0.027894,

0.030686, 0.033050, 0.034967, 13*0.000000,
NLEFY=14,
TBLEFY=0.00,.111,.112,.200,.300,.399,.400,.500,.600,.699,.700,.800,.900,1.00,
TBLEFC=0.00,0.00,0.00,.248,.248,.248,.248,.156,.123,.111,.111,.098,.086,.083,
TBLEFD=0.00,0.00,26.0,26.0,26.0,26.0,32.0,32.0,32.0,32.0,36.0,36.0,36.0,36.0,
NTEFY=16,
TBTEFY=0.00,.111,.112,.189,.190,.310,.311,.389,.390,

.510,.511,.600,.700,.800,.900,1.00,
TBTEFC=0.00,0.00,.203,.234,0.00,0.00,.304,.276,0.00,

0.00,.235,.213,.177,.153,.118,.083,
TBTEFD=0.00,0.00,14.0,14.0,0.00,0.00,14.0,14.0,0.00,

0.00,16.0,16.0,16.0,16.0,16.0,16.0,16.0,16.0,
NADLEFD=1,TXMLEFD=0.0,
NADTEFD=1,TXMTEFD=0.0,
NALPHA=16,TALPHA=0.0,2.0,4.0,6.0,8.0,10.0,12.0,14.0,16.0,18.0,

20.0,22.0,24.0,26.0,28.0,30.0, $
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Table Il. Sample Input Data for WINGDES Code

(a) Supersonic transport wing evaluation

CURVED L E WING - DARDEN, TP-2446 T & C NO CONSTRAINT
$INPT1 XM=2.4,RN=2.0,JBYMAX=40,IEMPCR=1,
SREF=2.5375,CBAR=1.686,XMC=1.43,XMAX=3.29,
NLEY=11,
TBLEY=0.00,0.10,0.20,0.30,0.40,0.50,0.60,0.70,0.80,0.90,1.00,
TBLEX=0.00,0.12,0.48,1.08,1.55,1.85,2.09,2.31,2.53,2.75,2.96,
NTEY=11,
TBTEY=0.00,0.10,0.20,0.30,0.40,0.50,0.60,0.70,0.80,0.90,1.00,
TBTEX=2.58,2.60,2.64,2.71,2.79,2.87,2.96,3.04,3.13,3.21,3.29,
NYR=4,TBYR=0.0000,0.5000,0.8000,1.0000,
TBTOC=0.0300,0.0300,0.0300,0.0300,
TBR0OC=.00010,.00030,.00050,.00050,
TBETA=0.5000,0.5000,0.5000,0.5000,
NYC=11,TBYC=0.00,0.10,0.20,0.30,0.40,0.50,0.60,0.70,0.80,0.90,1.00,
NPCTC=9,
TBPCTC=0.000,5.000,10.00,20.00,30.00,40.00,60.00,80.00,100.0,
TZORDC=.1182,.1083,.0965,.0721,.0494,.0307,.0063,-.004,-.013,17*0.0,
.1345,.1290,.1195,.0968,.0727,.0501,.0139,-.012,-.035,17*0.0,
.1099,.1156,.1127,.0972,.0764,.0544,.0151,-.012,-.027,17*0.0,
.0357,.0487,.0557,.0560,.0485,.0374,.0122,-.011,-.028,17*0.0,
.0059,.0123,.0157,.0184,.0176,.0148,.0054,-.006,-.017,17*0.0,
.0026,.0053,.0073,.0090,.0088,.0075,.0029,-.003,-.010,17*0.0,
.0018,.0029,.0039,.0048,.0046,.0040,.0015,-.002,-.005,17*0.0,
.0007,.0013,.0018,.0023,.0023,.0019,.0008,-.001,-.002,17*0.0,
.0000,.0003,.0007,.0013,.0015,.0016,.0014,.0010,.0006,17*0.0,
.0000,.0002,.0005,.0010,.0013,.0016,.0019,.0022,.0023,17*0.0,
.0000,.0001,.0002,.0004,.0015,.0025,.0050,.0075,.0102,17*0.0,
CLZPR=.08,
NALPHA=17,TALPHA=-6.0,-5.0,-4.0,-3.0,-2.0,-1.0,0.0,1.0,2.0,3.0,
4.05.0,6.0,7.0,8.0,9.0,10.0, $
CURVED L E WING - DARDEN TP-2446 FLAT WING
$INPT1 TZSCALE=0.0,CLZPR=.08,|IEMPCR=0, $

81



Table Il. Continued

(b) Supersonic transport cruise surface design

SUPERSONIC TRANSPORT EXAMPLE - WHOLE WING DESIGN-INC FUSE - M=2.4

$INPT1 XM=2.4,RN=2.0,JBYMAX=40,|[EMPCR=1,

SREF=2.65,CBAR=1.85,XMC=2.77, XMAX=5.47,

NLEY=13,

TBLEY=0.00,0.04,0.10,0.112,0.20,0.30,0.40,0.50,0.60,0.70,0.80,0.90,1.00,

TBLEX=0.00,0.20,1.00,1.425,1.95,2.55,3.02,3.32,3.56,3.78,4.00,4.22,4.43,

NTEY=13,

TBTEY=0.00,0.04,0.10,0.112,0.20,0.30,0.40,0.50,0.60,0.70,0.80,0.90,1.00,

TBTEX=5.47,5.15,4.28,4.075,4.11,4.18,4.26,4.34,4.43,4.51,4.60,4.68,4.76,

NYR=4,TBYR=0.0000,0.5000,0.8000,1.0000,
TBTOC=0.0300,0.0300,0.0300,0.0300,
TBROC=.00030,.00030,.00050,.00050,
TBETA=0.5000,0.5000,0.5000,0.5000,

CLDES=.12,

NALPHA=19,TALPHA=-2.0,-1.5,-1.0,-0.5,0.5,1.0,1.5,2.0,2.5,

3.0,3.5,4.0,455.0,5.5,6.0,6.5,7.0,7.5, $

(c) Supersonic transport cruise surface design with imposed leading-edge surface factors

SUPERSONIC TRANSPORT EXAMPLE - WHOLE WING DESIGN-INC FUSE - M=2.4
$INPT1 XM=2.4,RN=2.0,JBYMAX=40,|[EMPCR=1,
SREF=2.65,CBAR=1.85,XMC=2.77, XMAX=5.47,

NLEY=13,

TBLEY=0.00,0.04,0.10,0.112,0.20,0.30,0.40,0.50,0.60,0.70,0.80,0.90,1.00,

TBLEX=0.00,0.20,1.00,1.425,1.95,2.55,3.02,3.32,3.56,3.78,4.00,4.22,4.43,

NTEY=13,

TBTEY=0.00,0.04,0.10,0.112,0.20,0.30,0.40,0.50,0.60,0.70,0.80,0.90,1.00,

TBTEX=5.47,5.15,4.28,4.075,4.11,4.18,4.26,4.34,4.43,4.51,4.60,4.68,4.76,

NYR=4,TBYR=0.0000,0.5000,0.8000,1.0000,

TBTOC=0.0300,0.0300,0.0300,0.0300,
TBROC=.00030,.00030,.00050,.00050,
TBETA=0.5000,0.5000,0.5000,0.5000,

IAFIX=1,

TAFIX=0.00,0.00,0.00,0.00,0.00,0.00,0.00,0.51,1.04,1.56,
2.08,2.60,3.12,3.64,3.64,3.64,3.64,3.64,3.64,3.64,
3.64,3.64,3.64,3.64,3.64,3.64,3.64,3.64,3.64,3.64,
3.64,3.64,3.64,3.64,3.64,3.64,3.64,

CLDES=.12,

NALPHA=19,TALPHA=-2.0,-1.5,-1.0,-0.5,0.5,1.0,1.5,2.0,2.5,

3.0,3.5,4.0,455.0,5.5,6.0,6.5,7.0,7.5, $
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Table Il. Continued

(d) Supersonic transport cruise surface design with reflexing

SUPERSONIC TRANSPORT EXAMPLE - REFLEX DESIGN WITH NACELLE PRESSURES AT M=2.4
$INPT1 XM=2.4,RN=2.0,JBYMAX=40,|[EMPCR=1,
SREF=2.65,CBAR=1.85,XMC=2.77, XMAX=5.47,

NLEY=13,

TBLEY=0.00,0.04,0.10,0.112,0.20,0.30,0.40,0.50,0.60,0.70,0.80,0.90,1.00,

TBLEX=0.00,0.20,1.00,1.425,1.95,2.55,3.02,3.32,3.56,3.78,4.00,4.22,4.43,

NTEY=13,

TBTEY=0.00,0.04,0.10,0.112,0.20,0.30,0.40,0.50,0.60,0.70,0.80,0.90,1.00,

TBTEX=5.47,5.15,4.28,4.075,4.11,4.18,4.26,4.34,4.43,4.51,4.60,4.68,4.76,

NYR=4,TBYR=0.0000,0.5000,0.8000,1.0000,
TBTOC=0.0300,0.0300,0.0300,0.0300,
TBROC=.00030,.00030,.00050,.00050,
TBETA=0.5000,0.5000,0.5000,0.5000,

NTES=4

NTEC=13,

TBTECY =0.0,0.112,0.2,0.25,0.3,0.4,0.45,0.5,0.6,0.7,0.8,0.9,1.0,

TBTEC=0.0,0.0,0.346,0.417,0.424,0.372,0.429,0.428,0.365,0.248,0.120,0.,0.,

IREFL=1, ICP=1,

NYCP=13,

TBYCP=0.0,0.112,0.2,0.25,0.3,0.4,0.45,0.5,0.6,0.7,0.8,0.9,1.0,

NPCTCP = 20,

TBPCTCP =0.,50.,54.,58.,62.,66.,70.,74.,78.,80.,

82.,84.,86.,88.,90.,92.,94.,96.,98.,100.,

TCP= 0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,
0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,
0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,
0.00000,0.00000,
0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,
0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,
0.00000,0.03775,0.06469,0.03930,0.00000,0.00000,0.00000,0.00000,
0.00000,0.00000,
0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,
0.00000,0.00000,0.00000,0.00000,0.05550,0.04469,0.07734,0.04332,
0.01874,0.01756,0.01616,0.00607,0.00000,0.00000,0.00000,0.00000,
0.00000,0.00000,
0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,
0.00000,0.05218,0.05195,0.04697,0.07535,0.04200,0.02145,0.01901,
0.01793,0.00941,-.01186,-.04329,0.00000,0.00000,0.00000,0.00000,
0.00000,0.00000,
0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,
0.05156,0.04479,0.08583,0.05949,0.03513,0.02044,0.01760,0.01729,
0.01273,0.04051,0.01629,0.01619,0.00000,0.00000,0.00000,0.00000,
0.00000,0.00000,
0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,0.04091,
0.08278,0.10878,0.14220,0.10866,0.07703,0.04975,0.03432,0.03134,
0.03108,0.02847,0.02141,0.00706,0.00000,0.00000,0.00000,0.00000,
0.00000,0.00000,
0.00000,0.00000,0.00000,0.00000,0.00000,0.06732,0.05093,0.09089,
0.04847,0.03030,0.02231,0.01977,0.01964,0.01912,0.01517,0.00951,
-.00241,-.02088,-.04112,-.06222,0.00000,0.00000,0.00000,0.00000,
0.00000,0.00000,
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Table Il. Continued
(d) Concluded

0.00000,0.00000,0.00000,0.00000,0.05773,0.04634,0.08295,0.04924,
0.02014,0.01816,0.01809,0.01793,0.01747,0.01410,0.00862,0.00019,
-.01284,-.02787,-.04448,-.06110,0.00000,0.00000,0.00000,0.00000,
0.00000,0.00000,
0.00000,0.00000,0.00000,0.00000,0.04349,0.03549,0.06035,0.04847,
0.03186,0.02429,0.01719,0.01452,0.01338,0.01333,0.01331,0.01284,
0.01154,0.00860,0.00523,0.00022,0.00000,0.00000,0.00000,0.00000,
0.00000,0.00000,
0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,0.03280,0.02813,
0.05134,0.04636,0.04137,0.03638,0.03140,0.02656,0.02229,0.01808,
0.01386,0.01122,0.01076,0.01073,0.00000,0.00000,0.00000,0.00000,
0.00000,0.00000,
0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,
0.00000,0.00000,0.02296,0.02581,0.02451,0.02361,0.04242,0.04115,
0.03809,0.03503,0.03196,0.02890,0.00000,0.00000,0.00000,0.00000,
0.00000,0.00000,
0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,
0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,
0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,
0.00000,0.00000,
0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,
0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,
0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,
0.00000,0.00000,

CLDES=.12,
NALPHA=19,TALPHA=-2.0,-1.5,-1.0,-0.5,0.5,1.0,1.5,2.0,2.5,
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Table Il. Continued

(e) Supersonic transport reflexed cruise surface design with imposed leading-edge surface factors

followed by subsonic flap system design

SUPERSONIC TRANSPORT EXAMPLE - REFLEX DESIGN WITH NACELLE PRESSURES AT M=2.4
$INPT1 XM=2.4,RN=2.0,JBYMAX=40,|[EMPCR=1,
SREF=2.65,CBAR=1.85,XMC=2.77, XMAX=5.47,

CLDES=.12,

NLEY=13,

TBLEY=0.00,0.04,0.10,0.112,0.20,0.30,0.40,0.50,0.60,0.70,0.80,0.90,1.00,

TBLEX=0.00,0.20,1.00,1.425,1.95,2.55,3.02,3.32,3.56,3.78,4.00,4.22,4.43,

NTEY=13,

TBTEY=0.00,0.04,0.10,0.112,0.20,0.30,0.40,0.50,0.60,0.70,0.80,0.90,1.00,

TBTEX=5.47,5.15,4.28,4.075,4.11,4.18,4.26,4.34,4.43,4.51,4.60,4.68,4.76,

NYR=4,TBYR=0.0000,0.5000,0.8000,1.0000,
TBTOC=0.0300,0.0300,0.0300,0.0300,
TBROC=.00030,.00030,.00050,.00050,
TBETA=0.5000,0.5000,0.5000,0.5000,

NTES=4,

NTEC=13,

TBTECY =0.0,0.112,0.2,0.25,0.3,0.4,0.45,0.5,0.6,0.7,0.8,0.9,1.0,

TBTEC=0.0,0.0,0.346,0.417,0.424,0.372,0.429,0.428,0.365,0.248,0.120,0.,0.,

IREFL=1, ICP=1,

NYCP=13,

TBYCP=0.0,0.112,0.2,0.25,0.3,0.4,0.45,0.5,0.6,0.7,0.8,0.9,1.0,

NPCTCP = 20,

TBPCTCP =0.,50.,54.,58.,62.,66.,70.,74.,78.,80.,

82.,84.,86.,88.,90.,92.,94.,96.,98.,100.,

TCP= 0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,
0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,
0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,
0.00000,0.00000,
0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,
0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,
0.00000,0.03775,0.06469,0.03930,0.00000,0.00000,0.00000,0.00000,
0.00000,0.00000,
0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,
0.00000,0.00000,0.00000,0.00000,0.05550,0.04469,0.07734,0.04332,
0.01874,0.01756,0.01616,0.00607,0.00000,0.00000,0.00000,0.00000,
0.00000,0.00000,
0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,
0.00000,0.05218,0.05195,0.04697,0.07535,0.04200,0.02145,0.01901,
0.01793,0.00941,-.01186,-.04329,0.00000,0.00000,0.00000,0.00000,
0.00000,0.00000,
0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,
0.05156,0.04479,0.08583,0.05949,0.03513,0.02044,0.01760,0.01729,
0.01273,0.04051,0.01629,0.01619,0.00000,0.00000,0.00000,0.00000,
0.00000,0.00000,
0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,0.04091,
0.08278,0.10878,0.14220,0.10866,0.07703,0.04975,0.03432,0.03134,
0.03108,0.02847,0.02141,0.00706,0.00000,0.00000,0.00000,0.00000,
0.00000,0.00000,
0.00000,0.00000,0.00000,0.00000,0.00000,0.06732,0.05093,0.09089,
0.04847,0.03030,0.02231,0.01977,0.01964,0.01912,0.01517,0.00951,
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Table Il. Continued
(e) Concluded

-.00241,-.02088,-.04112,-.06222,0.00000,0.00000,0.00000,0.00000,
0.00000,0.00000,
0.00000,0.00000,0.00000,0.00000,0.05773,0.04634,0.08295,0.04924,
0.02014,0.01816,0.01809,0.01793,0.01747,0.01410,0.00862,0.00019,
-.01284,-.02787,-.04448,-.06110,0.00000,0.00000,0.00000,0.00000,
0.00000,0.00000,
0.00000,0.00000,0.00000,0.00000,0.04349,0.03549,0.06035,0.04847,
0.03186,0.02429,0.01719,0.01452,0.01338,0.01333,0.01331,0.01284,
0.01154,0.00860,0.00523,0.00022,0.00000,0.00000,0.00000,0.00000,
0.00000,0.00000,
0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,0.03280,0.02813,
0.05134,0.04636,0.04137,0.03638,0.03140,0.02656,0.02229,0.01808,
0.01386,0.01122,0.01076,0.01073,0.00000,0.00000,0.00000,0.00000,
0.00000,0.00000,
0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,
0.00000,0.00000,0.02296,0.02581,0.02451,0.02361,0.04242,0.04115,
0.03809,0.03503,0.03196,0.02890,0.00000,0.00000,0.00000,0.00000,
0.00000,0.00000,
0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,
0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,
0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,
0.00000,0.00000,
0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,
0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,
0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,0.00000,
0.00000,0.00000,

IAFIX=1,

TAFIX=0.0,0.0,0.0,0.0,0.0,0.0,0.0,0.0,0.0,0.4,0.8,

1.2,1.6,2.0,2.4,28,3.2,3.2,3.2,3.2,3.2,3.2,3.2,3.2,

3.2,3.2,3.2,3.2,3.2,3.2,3.2,3.2,3.2,3.2,3.2,3.2,3.2,

NALPHA=19,TALPHA=-2.0,-1.5,-1.0,-0.5,0.5,1.0,1.5,2.0,2.5,

3.0,3.5,4.0,455.05.5,6.0,6.5,7.0,7.5, $

SUPERSONIC TRANSPORT EXAMPLE - SUBSONIC FLAP DESIGN AT M=.3

$INPT1 XM=.3,RN=2.0,JBYMAX=10,ELAR=4.0,IEMPCR=0,

ICP=0,IAFIX=0,

CLDES=.6,

CMDES=-.24,

IFLPDES=1,NEWDES=1,

NGCS=0,

ITRMAX=100,

NLEC=12,

TBLECY=0.00,.111,.112,.200,.300,.400,.500,.600,.700,.800,.900,1.00,

TBLEC =0.00,0.00,.248,.248,.248,.248,.156,.123,.111,.098,.086,.083,

NTES=4,

NTEC=16,

TBTECY=0.00,.111,.112,.189,.190,.310,.311,.389,.390,
.510,.511,.600,.700,.800,.900,1.00,

TBTEC =0.00,0.00,.203,.234,0.00,0.00,.304,.276,0.00,
0.00,.235,.213,.177,.153,.118,.083,

NALPHA=16,TALPHA=0.0,2.0,4.0,6.0,8.0,10.0,12.0,14.0,16.0,
18.0,20.0,22.0,24.0,26.0,28.0,30.0, $
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Table II. Concluded

(f) Nonsymmetrical wing cruise surface design

NONSYMMETRICAL ELLIPTICAL WING DESIGN

$INPT1 XM=1.4,RN=2.0,JBYMAX=40,IPRSLD=1,IEMPCR=1,
CLDES=.16,YCG=.5,

NSYM=1,

SREF=3.142,CBAR=2.0,XMC=2.0,XMAX=4.0,

NLEY=11,
TBLEY=0.000,.2000,.4000,.6000,.8000,1.000,1.200,1.400,1.600,1.800,2.000,
TBLEX=0.268,0.014,0.161,0.392,0.674,1.000,1.366,1.777,2.239,2.785,3.732,
NTEY=11,
TBTEY=0.000,.2000,.4000,.6000,.8000,1.000,1.200,1.400,1.600,1.800,2.000,
TBTEX=0.269,1.215,1.761,2.223,2.634,3.000,3.326,3.609,3.839,3.986,3.733,
NLEC=2,

TBLECY=0.0,2.0,

TBLEC =2.0,2.0,

NYR=4,

TBYR =0.000,.2000,1.800,2.000,

TBTOC=.0400,.0400,.0400,.0400,

TBROC=.0010,.0010,.0010,.0100,

TBETA=.4000,.4000,.4000,.4000,

NALPHA=14,
TALPHA=0.00,1.0,2.0,3.0,4.0,5.0,6.0,7.0,8.0,9.0,10.0,11.0,12.0,5.25, $
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Figure 1. Grid system used in numerical solution of linearized theory.
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Exact linearized theory
. Code results (unadjusted)

A A
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Figure 7. Supersonic influence function.
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Figure 31. Concluded.
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Figure 32. Critical code design parameters from SST reflexed surface wing 8sign40;C; jes= 0.12.
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Figure 33. Camber surface from SST reflexed surface wing design with imposed leading-edge surfadd faltd&C, jes= 0.12.
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Figure 37. SST flap system performance map derived from AERO2S code Msulis30;R = 2.0% 105 C_ =0.6.
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(b) Camber surface.

Figure 38. Concluded.
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